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Abstract
The planet Mars has had only a small number of visitors from Earth. O f these, five have been 
successful in reaching the surface and returning contact science data. The body of knowledge 
gained from these missions is immense yet only the tiniest fraction of the whole surface has been 
explored. The need to expand our knowledge of the Martian environment includes among others: 
its weather, geology, and the search for life, all of which can expand our understanding o f Earth. 
Most previous missions have involved large spacecraft and large budgets. To enable 
interplanetary missions to continue and expand, a reduction in associated cost must be achieved. 
Recent Earth-orbiting missions have demonstrated what can be done by utilising smaller, highly 
integrated craft, using technology commonly available in the commercial marketplace. Small 
satellites have established themselves as a valuable platform; the adoption o f these techniques in 
planetary exploration missions is timely.
Until recently, all missions placed static landers on the surface. Static landers can carry a lot of 
equipment to Mars, but are unable to maximise their potential due to their static nature. In order 
to acquire science from a wider area of the surface, some form of mobile vehicle must be 
implemented. The Pathfinder/Sojourner combination followed recently by the Mars Exploration 
Rovers (Spirit and Opportunity) provided the first successful mobile platforms.
When attempting very wide area coverage with a single mission, a small ground-based vehicle is 
impractical due to the very rocky terrain and consequent low speed o f progression (and limited 
lifetime due to the harsh environment, and limited available power).
This report considers the design of a low mass, low cost air vehicle to maximise contact sample 
coverage of the planet Mars. The aircraft will return information from numerous sites across a 
significant flight path. The wealth of data from each sampled area will be enhanced by the use o f 
a single instrument suite; this avoids the impact on data due to differences in calibration.
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Chapter 1
1 Introduction
Interplanetary missions have historically been implemented by the United States and the former 
USSR. In recent years more countries have acquired the technology to travel beyond the confines 
of our planet, primarily into Earth orbit, and latterly to other planetary bodies in our solar system. 
These exploratory missions are very wide ranging in terms of capability and expenditure; however 
they are all operated by the respective country’s government agencies.
The cost o f these missions puts them beyond the capability of private organisations, with years of 
development and millions of dollars culminating in a mission, which cannot afford to fail. Mars 
missions are particularly expensive due to the time delay between launch and the return of 
science. Depending on the trajectory, the mission can take several years. Nozomi for example, 
was due to arrive at Mars in October 1998, only 15 months after launch. Due to a technical 
failure, a longer trajectory had to be taken, and the mission has now become a 6-year mission- 
almost 5 times the expected delay from launch to potential data return. This is very expensive and 
would have resulted in a devalued data product (had it succeeded) due to the rapid development of 
technology in the interim.
Earlier missions to Mars involved either satellites, injected into orbit around the planet for remote 
sensing, and/or static landers; landing in one spot and monitoring local features. The latest 
missions however have deployed wheeled Rovers from their Landers which are able to roam 
around the local vicinity to maximise data collection.
The data accumulated over the five visits to the “red planet” has returned a great deal o f data; both 
global low-resolution satellite data and localised high-resolution Lander data; hence there is a 
need for high-resolution contact data from a wide area; the recent MERs and other proposed 
missions demonstrate this need. Truly wide area data can only be collected practically by an 
unmanned air vehicle (UAV) of some description, various aircraft proposals have been formed 
however none has attempted to combine both the long range capability with surface sampling.
The object o f this research is to show the viability o f an aircraft to fly around the Martian 
environment, taking high-resolution images of the surface, and landing periodically to obtain 
surface science data. The aircraft would return valuable data in terms o f geological and biological 
content of the surface, imagery for possible manned mission reconnaissance, and weather data, all 
from a much wider area than can be done with any ground based vehicle. This research is unique
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in concept due to the requirement for a renewable energy VTOL autonomous air vehicle, needed 
to enable multiple surface samples over a wide area.
To suggest viability some constraints must first be applied, the project must be several orders of 
magnitude less expensive than a traditional mission; this should place it within the realms o f a 
private entity. To this end it should therefore implement COTS technology where possible, thus 
adhering to the ethos of Surrey’s previous satellite success. To minimise launch costs it should 
also have low mass and volume, with a view to “piggy-backing” it onto an already active mission.
The Mars aircraft project is a massive undertaking and as a whole is beyond the scope of this PhD 
research. The research therefore concentrates on demonstrating its viability and utility. The 
research carried out is outlined below:
1) Project viability; to show that the concept of a powered aircraft is a feasible one, 
that it can be designed and built using the materials and technology that are 
available at this time. That it has a definite and clear mission goal, and that it can 
return valuable science.
2) Sub-systems definition; focus upon specific aspects o f the craft and examine each 
to show an overview of their practicality and limitations. These include the power 
and thermal system, payload, atmospheric entry and deployment, and structure.
3) Demonstrate the practicability of the power and propulsion system, through testing 
of prototype hardware in a scaled scenario.
1.1 Project Brief
The primaiy object of this research is to demonstrate the viability of a vehicle to explore pre­
defined locations over a wide area of the planet Mars in a controlled manner.
The vehicle must be capable o f performing at least ten surface contact sessions at different 
locations to deliver an adequate cross-section of surface data along the flight path.
A total flight path length of at least one thousand kilometres should be achieved; this will enable a 
comparison of data across the larger features on Mars and across the planet as a whole rather than 
the smaller range missions previously proposed. The aircraft should enable high-resolution 
imagery o f the planets surface during flight.
Launch of the vehicle should be achievable using a conventional launch vehicle and interplanetary 
transfer is assumed to be provided by a primary spacecraft of the mini-satellite class upon which 
the entry vehicle will be carried as a secondary payload.
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The mass o f the vehicle must be minimised to reduce risk associated with corrective orbital 
manoeuvres, to reduce fuel overheads, and to reduce all other associated costs. A value for mass 
is suggested in the region o f 10kg to 20kg excluding the aeroshell in order to provide a total 
secondary experiment with a mass overhead to the primary vehicle of only 10%. This is based on 
the use of a mini-satellite platform such as UoSat-12 (325kg) as the primary vehicle compared 
with the Mars Express/Beagle-2 overhead o f around 5%.
The mass budget for the vehicle must provide for a payload whose mass must be maximised. 
This payload mass fraction must be shown to be sufficient to enable valuable scientific data to be 
captured within the mission framework. The assumptions made here are elaborated upon in 
Appendix 5.
1.2 Structure of Thesis
After this brief introduction to the project (Massiva), some discussion o f previous and anticipated 
Mars missions and their impact on the design of Massiva is included. This overview of the state 
of technology already in the Mars domain, what has been done, and what is planned; provides a 
context within which Massiva is proposed.
Before any further consideration of the aircraft is made, the environment in which Massiva is to 
operate is discussed and comparisons with Earth are drawn. This is necessary since the 
environment is continually referred to and has a significant impact on the design o f every 
component on the vehicle.
Once the stage is set, various air vehicles are considered and their value assessed with respect to 
the mission outlined in the brief, this is a high-level exercise and is used to logically separate 
groups of vehicles into performance categories. An overview of a first-cut model is the output o f 
this, and later it shall be redefined and clarified from a sub-system level.
The scientific goals are next considered, this is the driving force behind the vehicle and is 
therefore of great importance. A payload is selected from the experiments considered and reasons 
for this are discussed.
Detailed design of Massiva is the topic o f the remainder of this thesis; this includes discussion o f 
the sub-systems necessary on such an aircraft. The work is aimed at demonstrating the validity or 
otherwise of each system, as opposed to designing each system towards an optimal solution.
Some brief notes follow on atmospheric entry and the system which is required to place Massiva 
safely on the surface of Mars. The project is summarised and conclusions drawn.
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1.3 Novel Work Undertaken
The novelty o f this project is in demonstrating that a vertical take-off aircraft for use on Mars is a 
viable one.
All previous missions to Mars have placed either a static Lander on the surface, or a roaming 
wheeled platform which is capable o f short distances. These projects can explore a small area in 
great detail for long periods.
Future aircraft projects have been proposed [8]; these involve a high altitude deployment during 
initial descent followed by several hours o f flight, gradually descending before crashing into the 
planet’s surface. These projects can explore a wider area but only using remote sensing 
experiments. Traditional ideas towards the problem o f wide area coverage can only achieve range 
by increasing the size o f the aircraft [76]; Massiva intends to do this by the combined use o f solar 
energy and VTOL capability enabling landed periods o f “rest” . Other VTOL vehicles have been 
proposed including helicopter based ideas [55][57] and while these offer a valuable mission o f 
their own, none can perform the extended coverage proposed here.
Massiva will land more than ten times following several hours o f very low altitude flight on each 
occasion and extract surface data through contact with the sample. This is a novel vehicle, with 
novel requirements, providing a novel scientific capability, the demonstration o f its viability 
involves many aspects o f the aircraft. While each sub-system is very different, they all involve 
the application o f current technology to this novel problem.
1.4 Concept overview
This research has lead towards the concept o f a 15kg fixed wing, VTOL aircraft. A simulation- 
derived image o f this concept (Massiva) is shown below in Figure 1-1.
Figure 1-1 The Massiva Concept
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Chapter 2
2 Background Information
This chapter will consider the various missions that have been sent to Mars in the past, current 
missions ongoing at this time, and planned future missions. This will provide an overview of the 
change in technology over time, the state o f technology, and the mission aims and achievements.
2.1 Previous Mars Missions
This section discusses missions to Mars which have now ceased operation.
2.1.1 Orbiter and Flyby missions
The simplest and hence cheapest and most reliable Mars mission scenario is that which involves 
no atmospheric entry- i.e. a remote sensing mission. This category includes both flyby missions, 
and orbiters. To date, around 30 of the attempted missions to Mars have been in this category.
Many flyby missions were attempted in the early sixties, particularly by the USSR [27]. These 
were largely failures either at launch or en-route. Notably Sputnik-22, which upon breaking up 
high in the Earth’s atmosphere, or on its Mars transfer orbit insertion bum, generated debris 
sizable enough to be observed by Alaskan authorities and causing some fear during the Cuban 
missile crisis.
The first successful flyby mission was Mariner-4 (Figure 2-1), a mission o f the United States. 
Mariner-4 was the fourth in the series o f US spacecraft used for planetary exploration in a flyby 
mode, returning the first pictures o f the Martian surface. It was designed to conduct close-up 
scientific observations of Mars and to transmit these observations to Earth (Figure 2-2). Other 
mission objectives were to perform field and particle measurements in interplanetary space in the 
vicinity o f Mars, and to provide experience in, and knowledge of, engineering capabilities for 
interplanetary flights of long duration. Its on-orbit dry mass was approximately 260kg.
5
Chapter 2. Background Information
Figure 2-1 Mariner-4 Spacecraft |27]
Figure 2-2 First image showing cratered surface [27 )
This first data from Mariner-4 was received in July 1965, the spacecraft performed well and 
essentially within its expected parameters. Following this success, Mariner 6 and 7 were 
deployed, and several other flyby and orbiting spacecraft missions followed these.
The role o f the flyby craft is clear. They are designed to observe the planet from interplanetary 
trajectory, through multi-spectral imagery, radiometry etc. Such missions can provide data on a 
planetary scale - but in low spatial resolution due to the large distances involved; the closest 
approach of Mariner-4 was 9,846 km above the surface. Mariner-7 (the last US flyby mission 
launched in 1969) provided a ground sample distance o f up to 300m.
Orbital craft can provide much better spatial resolutions due to their lower velocity and improved 
proximity. The Mars Global Surveyor for example, (launched in November 1996) has a spatial 
resolution o f up to one metre, and the stereo imagery available from Mars Express is possible up 
to two metres. The remote sensing period is also increased since the spacecraft stays in the 
vicinity o f the planet, allowing a much greater area to be covered, and a suitable polar orbit 
enables whole planet coverage.
Flyby and Orbiter data tells us a lot about a planet as a whole, but direct contact sensing is a 
necessity to enable a full environmental study. The need to enter a planet’s atmosphere and land
6
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on the surface is clear; both from the limitations o f previous Orbiter missions, and the impressive 
data gathered by Landers thus far.
2.1.2 Lander / Rover missions
Lander missions [ 17][18][27][75] are much more difficult to implement, the first attempt being 
Sputnik-24, launched in November 1962, only one month after the failed Sputnik-22 flyby 
mission. The spacecraft had an on-orbit mass o f nearly 900kg; a significant piece o f hardware. 
The attempt was not successful when the booster/spacecraft assembly (Tyazheliy Sputnik) broke 
up during its Mars orbit insertion burn. The next Lander mission was not attempted until nearly 
10 years later in May 1971, when Cosmos-419 was launched, this too was a failure, but one which 
was quickly followed by the partial success o f  Mars-2 and the brief but impressive (20 second) 
success o f the identical Mars-3, all launched within 3 weeks o f each other. The 1,210 kg Mars-3 
entry vehicle descended through the atmosphere using a 2.9m conical shield to slow down its 
1,2m landing sphere, the soft landing was then effected by parachute and rocket motors. The four 
petals o f the spacecraft opened to expose the instruments (Figure 2-3); however the heavy dust 
storms at the time are believed to have caused the premature failure. Its primary objectives were 
to image the surface (Figure 2-5), and obtain both soil and atmospheric data, a walking rover 
(PrOP-M) o f 4.5kg with a tethered range o f 15m on its “skis” was part o f the payload (Figure
2-4); even in these early missions the value o f mobility was appreciated. The Mars-2 and Mars-3 
orbiter craft continued to return data for some time.
Figure 2-3 Mars-3 Lander (1210kg) [27]
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Figure 2-4 Mars-3 Rover PrOP-M (4.5kg) [27]
Figure 2-5 The only image from Mars-3, noise reduced.
The US V iking-1 and Viking-2 missions were launched in August and September 1975 
respectively (four years after the Soviet success). The missions included the first Landers to 
return data from the surface for any significant period o f time (the V iking-1 Lander lasted 
approximately 7 years); they took imagery, geological, and weather data from their respective 
landing sites, which supplemented the primary mission requirement which was concerned with 
the biology, and chemical composition o f soil samples (search for life). Following these missions, 
Mars was left undisturbed until 1997 when the Mars Pathfinder mission touched down to carry 
out more science involving its rover “Sojourner” [75], Pathfinder’s primary goal was to 
demonstrate the low-cost exploration o f the Martian surface, the science goals involved im aging 
the surface, developing an understanding o f Mars atmosphere entry dynamics, and the general 
characterisation o f the environment [18]. Pathfinder was the last mission to reach the surface until 
the failed British Beagle-2 mission, closely followed by the US built MERs (Mars Exploration 
Rovers), these are discussed in the next section.
The low number o f landings demonstrates that despite the interest which Mars holds, there is a 
distinct lack o f information regarding it. Despite Pathfinder’s landing site in the mouth o f  Ares 
Vallis, specifically chosen to maximise the variety o f crustal material samples, and the wealth o f 
Viking imagery and environment data, only a minute area o f the surface has been inspected in any 
detail. Meaningful data has been taken from five sites; the use o f rovers has enabled more local 
observations to be taken, but they can by no means be said to represent the entire surface.
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2.2 Contemporary Missions
This section describes Mars missions which are due to be operating at the time o f writing.
2.2.1 Mars Express
Mars Express (ME) was launched by the European Space Agency (ESA) as part of a new and 
exciting initiative on the 2nd June 2003, and reached Mars orbit essentially as planned in 
December o f the same year [73]. The Lander Beagle-2 was deployed shortly before arrival; 
Beagle-2 is described separately below. The mission at the time of writing is still operational and 
successful.
The objectives o f ME were as follows;
• Image the entire surface of Mars with a spatial resolution o f 10 metres.
• Image areas of special interest with a spatial resolution of 2 metres.
• Map mineral composition of the Martian surface with 100 metre resolution.
• Determine the composition and planetary circulation o f the atmosphere.
• Examine the sub-surface using radar to a depth o f several kilometres.
• Observe interaction between the atmosphere and the surface.
• Observe the effects of the Solar wind on the Martian atmosphere.
Mars Express was successfully inserted into a 7.5 hour period, highly elliptical orbit at 86 degrees 
inclination (almost polar) to maximise potential imaging coverage; its periapsis being around 
260km (162 Miles) altitude.
The first two objectives are fulfilled using the high resolution stereo camera. This instrument also 
enables three dimensional data to be derived from the image overlap and differential pointing.
The visible and infrared mineralogical mapping spectrometer (Omega) will fulfil the third and 
fourth objective by measuring the reflected radiation from the surface o f the planet between 0.5 
and 5.2 microns.
An ultraviolet and infrared atmospheric spectrometer (Spicam) is also used to measure ozone 
(250nm) and water vapour (1.38 microns) respectively to gather more information on the state o f 
the atmosphere [30], along with the planetary Fourier spectrometer (1 .2 -4 5  microns) to measure 
the temperature and pressure profile of carbon dioxide.
Other experiments include an outer atmosphere ionic interaction instrument, and a subsurface 
sounding radar altimeter [73].
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2.2.2 Beagle-2
Beagle-2 was mounted as a sub-system on Mars Express; it was released several days prior to
arrival at Mars to allow a minimal corrective bum to realign Mars Express into a suitable capture
orbit. Beagle-2 was a small Lander craft intended to perform some novel science experiments 
upon the surface to ascertain the presence or past presence of life [25]. The mission failed to 
respond to radio hails which persisted for several weeks from Mars Express, and Mars Global 
Surveyor, and various Earth based radio telescopes failed to hear anything when pointed at Mars.
Post-mission studies have suggested that the temperature of Mars at this time was elevated 
causing the atmosphere to expand and consequently decrease in density; the Lander it is assumed 
has thus impacted the surface since its braking capability was inadequate given the anomalous 
conditions.
The objectives for the Beagle-2 mission were as follows:
• Confirm the presence of water
• Determine the existence of carbonate minerals
• Determine the existence of organic residues
• Visually record the complexity and structure o f organic material
• Demonstrate isotopic fractionation between organic and inorganic phases.
These experiments were to be fulfilled using a mass spectrometer, Mossbauer spectrometer, 
imager, microscope, and other environmental sensors which were packaged into an incredibly 
small package to match the very limiting demands o f the Lander mass budget [25][92]. Beagle-2 
was a secondary payload o f Mars Express and had very limited resources.
2.2.3 Mars Exploration Rovers (MERs)
The MERs were launched shortly after Mars Express, the first on 10th June 2003, and the second 
on 7th July 2003. Their direct entry and descents were successful and each has continued to return 
valuable data up to the time of writing.
The objectives of the MERs were as follows:
• Search for rocks and soils that have minerals deposited by water-related processes such 
as precipitation, evaporation, sedimentary cementation, or hydrothermal activity.
• —  Characterise the terrain.
• Determine which geologic processes have influenced the local terrain and chemistry.
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•  Perform calibration and validation exercises o f surface observations made by Mars 
orbiter instruments.
• Search for and characterise iron-containing minerals.
• Assess whether previous environments on Mars may have been conducive to life.
To achieve these objectives a package of spectrometers, imagers, and a grinder among others was 
developed [100]. Geological observations have demonstrated through this technology that Mars 
once harboured liquid water.
The MERs have successfully returned an enormous amount o f data from their respective landing 
sites which were carefully chosen to fulfil the mission objectives as previously stated [1].
2.2.4 Mars Global Surveyor
Mars Global Surveyor (MGS) was launched from Florida on 7th November 1996, it was designed 
to be a rapid recovery of the failed Mars Observer mission which had failed in 1993. The mission 
objectives were duplicated from this earlier mission and are listed below:
• Obtain high spatial resolution (down to 1.5 metres) images of the surface
• Map the global topography and gravitational field
• Determine the interaction o f water and dust
• Study Martian weather patterns and climate
• Determine the composition of both the surface and the atmosphere
• Characterise the Martian magnetic field to understand tectonic history
Despite some early problems during aero-braking; MGS has provided a wealth o f imagery from 
orbit and has provided communications for both the MERs and Beagle-2 (although without 
response). MGS has also provided imagery of landing sites of the MERs and has searched for 
Beagle-2; MGS continues to operate into its extended mission.
2.2.5 Mars Odyssey
Launched on 7th April 2001, Odyssey reached Mars in October of the same year. Since then it has 
returned valuable data towards the mission objectives listed below, these were supported by the 
recently successful MGS which provided lower quality data in some aspects, demanding a new 
spacecraft to be deployed.
• Generate a map of surface materials exposed on Mars.
• Determine the abundance of hydrogen (and hence water) in the shallow subsurface.
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• Characterise the structure o f the Martian surface.
• Characterise the radiation environment on transit to Mars and in Mars orbit with regard 
to potential human exploration.
• Serve as a communication relay for future surface missions.
The primary mission of Odyssey is due to end at the time of writing, the spacecraft is still 
functioning however and it is anticipated that it shall continue to perform for some time, with 
either its full or partial functionality, particularly for communications to the surface.
2.3 Future Mission Plans
This section discusses scheduled missions to Mars from information available at this time.
2.3.1 European Space Agency Missions
The European space agency (ESA) has adopted a long term plan to explore Mars based on 
growing experience. This plan named “Aurora” has already begun with the current Mars 
Express/Beagle-2 mission. The intention is to gradually increase the agency’s capability through 
progressive development to eventually enable a manned mission to take place. The plan is 
gradually evolving over time however the key mission elements are outlined below (Table 2-1) 
with their respective intended departure dates.
Mission Scheduled Launch Opportunity
Entry Vehicle Demonstrator (EVD) 2007
ExoMars 2009
Mars Sample Return (MSR) 1st Launch 2011
MSR 2nd Launch 2014
Manned Mission Technology Demonstrator 2014
Technological Precursor Mission 2018
Manned Lunar Mission 2024
Automatic Mars Mission 2026
Cargo To Mars prior to habitation 2030
Manned Mission to Mars 2033
Table 2-1 ESA Aurora Mission Milestones [128]
Aurora is initially split into two classes o f missions; “Arrow” missions and “Flagship” missions. 
Arrow missions are technology demonstration missions intended to reduce the risks o f the 
Flagship missions. They are intended to be more flexible; this is done by simplifying each Arrow 
mission by modularising individual technological steps towards the development o f the whole. 
The Arrow missions should therefore be faster to implement and have a reduced cost.
The first two Arrow missions considered for example are an Earth re-entry vehicle and a Mars 
aero-capture demonstrator. The Earth re-entry vehicle will build towards technology for the later
12
Chapter 2. Background Information
Mars sample return mission, and must therefore simulate Earth entry from interplanetary 
trajectory. The Mars aero-capture demonstrator aims to reduce the amount of fuel needed for a 
Mars mission by demonstrating a feasible aero-braking strategy; this will reduce future launch 
mass and complexity.
The Flagship missions are the more significant milestones bringing together all aspects of the 
smaller missions. The first two Flagship missions to be considered are the ExoMars mission and 
the Mars Sample Return.
The aim of ExoMars is to further characterise the biological environment on Mars in preparation 
for future exploration. The mission will require an Orbiter, descent module and a Rover; new 
technology will involve a landing system, robotics, and autonomous navigation. The Rover is 
intended to carry its 40kg payload several kilometres across the surface to search for signs o f life.
The Mars sample return mission proposal requires five spacecraft: an Earth/Mars transfer stage, a 
Mars orbiter, a Mars descent module, a Mars ascent module and an Earth re-entry vehicle. The 
Mars entry vehicle will contain an ascent vehicle and some sampling system. The ascent stage 
will rendezvous with the Earth re-entry vehicle, transferring the 0.5 kg sample in orbit to reduce 
contamination issues. The Earth re-entry vehicle will then return to Earth on a ballistic trajectory.
2.3.2 NASA (US) missions
The Mars reconnaissance orbiter is scheduled for an August launch in 2005, and will orbit the 
planet providing a variety of data. The primary objectives of this mission are as follows:
• Study Mars climate and climate change.
• Study landforms and their association with liquid water.
• Search for sites showing evidence o f liquid water
• Characterise the planet with regard to potential exploration sites.
• Provide a relay for future landing craft.
This mission will hone the current understanding o f the history o f Mars and the nature o f  the 
environment. The instrument package will be similar to that of Mars Express, incorporating 
various spectral band imaging systems and a radar sounding package.
The Phoenix Mars Lander is another mission scheduled by NASA for launch towards the end of 
2007, this small static Lander is planned to reach the North Pole of Mars in 2008 to fulfil the 
following objectives:
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•  To find water ice.
• Show further evidence of past liquid water.
• Observe climatic processes.
• Demonstrate the energy sources available to sustain life.
• Determine the hostility of the subsurface with regard to life.
Phoenix will also incorporate an instrument only otherwise seen on the Beagle-2 Lander; the mass 
spectrometer will look for signs of past and present life, fulfilling the primary goal o f Beagle-2. 
Phoenix has risen from the ashes of several previous missions which were unsuccessful; the Mars 
Polar Lander and the Surveyor Program’s Lander have both contributed to Phoenix. Phoenix was 
selected from several proposals including ARES [8] and SCIM [46].
Mars Science Laboratory is another proposed mission expected to be deployed in 2009, this will 
involve a long distance rover which contains a mobile laboratory. The scientific objectives are
slightly skewed from previous missions, and are shown below;
• Assess the biological potential of the target area.
• Characterize the local geology and geochemistry.
• Investigate the role of water, and characterize surface radiation with regard to habitability.
This essentially follows on the previous work towards the search for life, and aims to characterise 
the environment for future manned missions.
2.3.3 Other Missions
The only other mission likely to be flown in the immediate future is a second attempt at Beagle-2 
[92]. Despite the failure of the original mission and the subsequent arrival o f the MERs, the 
unique scientific objective remains to be performed. This is likely to change following the arrival 
of Phoenix; however the Beagle-2 team are keen to put their efforts to good use. The scientific 
package produced for Beagle-2 was the core of the mission and the supporting systems failed to 
place it carefully on the surface; the scientific package has been tested extensively however and is 
believed to be reliable.
If Beagle-2 fails to be re-flown during the 2007 opposition then it is probable that another mission 
will fly this novel experiment, although probably developed independently o f Beagle-2.
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To achieve flight in 2007 Beagle-2 must be improved to enable a reliable entry, an interplanetary 
transfer vehicle must be sourced -  probably part of the aurora program although a small satellite 
type vehicle is possible, and funding to build it must be forthcoming.
Other proposals include a network o f static landers and various other hard/soft landing concepts, 
although these are unlikely to progress. The benefit of a group o f networked landers is clear, 
however without a capability to move they are very restricted. Differences in calibration will also 
lead to small errors between samples, and the mass overhead of duplicating many systems impacts 
the payload to vehicle ratio [72]. Hard landers simplify the descent requirements and can be used 
for local sampling as with other landers, possibly incorporating some penetration system 
following from the high impact landing of around lOOOg [74]. These proposals reside in a similar 
mass envelope and size to Massiva although with much less functionality.
2.3.4 Proposed Missions Summary
Many proposed missions to Mars are currently under investigation. A small number o f these 
missions will be carried out in the foreseeable future by both NASA and ESA, and possibly other 
organisations. Each of the proposed missions has its own niche; each has something novel about 
it which allows the expense o f such a mission to be justified.
Mobility is clearly a valuable asset; first Sojourner and now the MERs have traversed the surface 
of the planet. Bigger and longer range vehicles are planned, demonstrating the value o f mobility 
on Mars.
Aircraft are proposed to enable imagery and atmospheric sampling at various altitudes. Balloons 
are proposed for essentially the same reasons.
None of the proposed vehicles has the capability to carry out a number of surface samples over a 
significant area of the planets surface, or to visit a site chosen prior to the mission and inspect it 
physically. The benefits o f mobility have been established, but the reluctance to progress to a 
longer range vehicle is limiting the value which a single mission can achieve.
Some long range vehicle is required for the next generation of Mars explorers. Massiva is a 
mission which can fulfil these requirements, and open the door to wider area surface analysis 
using a single vehicle.
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Chapter 3
3 Martian Environment
This chapter discusses the environment in which the mission will operate, and impacts o f this on 
the design.
3.1 Environment Introduction
Understanding of the environment in which a mission must operate, is critical to its success. The 
wide variety of environments which interplanetary missions are exposed to, are regularly 
considered to be “hostile”. The mission must be designed such that its components can operate 
competently in the target environment. The environment on Mars is not wildly different from our 
own. The low temperatures, pressures, and lack of oxygen among others would be fatal to 
humans, and since most technology was developed for use in Earths environment, it is a relatively 
difficult task to design a complex machine which can operate in such conditions without ill 
effects.
Aside from surviving its environment, the mission must also return some valuable data. Several 
experiments must therefore be performed on the nature o f its surroundings. This will provide 
greater knowledge and understanding o f Mars, and may lead to a better understanding o f Earth, 
the Solar system, and the Universe. The focus o f this chapter is therefore to consider the 
environment into which the proposed mission will venture, with respect to interaction with the 
mission directly.
3.2 Atmospheric Properties
The thin carbon-dioxide rich atmosphere of Mars is important in the context of the proposed craft. 
The atmosphere must physically support the craft during flight, and will contribute to its thermal 
equilibrium during all phases of the mission. The Mars “weather” may also eventually lead to the 
destruction o f the craft, and the possibility o f this must be considered. The table below (Table
3-1) shows an overview of the Martian atmosphere:
16
Chapter 3. Martian Environment
Attribute Typical Values
Pressure at mean datum 700Pa
Density 13.8g.m'3
Temperature range 188K -245K
Composition 95.3% carbon dioxide, 2.7% nitrogen, 
1.6% argon, 0.13% oxygen, and trace elements.
Optical Depth Approx. 0.25 -  4 
Normally 0-10ms'1 Higher wind speeds rareWind Speed
Solar flux 400Wm'2 peak
Table 3-1 Mars Atmospheric Properties [2] [17] [27]
The values shown above (Table 3-1) are derived from various sources; pressure, density, 
temperature, wind speed, and optical depth are values observed at both Viking-1 (22.3N, 47.9W) 
and Viking-2 (47.7N, 225.7W) landing sites [17]. Elemental composition was collated by NASA 
from all past missions for the NSSDC [27]. Optical depth is a fluctuating figure which varies 
continually with all atmospheric effects, the figures presented are upper and lower limits used in 
previous studies for dust obscuration of solar cells and are based on all previous data [64]. Solar 
flux is collated from all previous data and numerical studies intended to demonstrate functionality 
of solar arrays on Mars [68].
The first attributes considered in the chart above are pressure and density; these have several 
impacts on the design of the vehicle. For a lighter-than-air craft, the lower density demands a 
larger envelope to achieve sufficient displacement to create the required static lift, since a greater 
volume must be displaced to achieve the same mass displacement. A conventional aircraft 
generates lift using the differential pressure formed across an aerofoil; the aerofoil must either be 
larger in area, or have a greater coefficient of lift to compensate -  generally making the aerofoil 
thicker. The low pressure also reduces the Reynolds number of the aerofoil system and a special 
shape and flight envelope must be adhered to. The pressure as observed by Viking-1 during its 
first three days on the surface o f Mars is shown below in Figure 3-1.
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Figure 3-1 Pressure on Mars (Viking-1 first 3 Sols) [17]
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It can be seen from Figure 3-1 that the pressure on Mars varies slightly on a daily basis, in fact 
this variation follows a clearly repetitive cycle increasing by only a fraction o f  one millibar during 
the course o f one sol (approximately one day). Each sol starts and finishes at the local midnight, 
and thus the pressure is highest during the night when the air cools. The graph shown below in 
Figure 3-2 shows the same pressure plot but over the much longer period o f 200 sols. The 
pressure is seen to fall significantly during this period which equates to approximately one third o f 
a Martian year. The lower peak o f the graph where the pressure reaches as low as 6.5mB, occurs 
around sol 100, this represents a solar longitude o f 145 degrees and concurs with the peak o f the 
Martian summer in the northern hemisphere (Figure 3-2). The pressure change is due to the 
increase in temperature.
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Figure 3-2 Pressure on Mars from spring through to autumn (Viking-1 first 200 Sols) [17]
The temperature increase across this time period is around ten degrees in total and follows 
essentially the inverse curve to that o f atmospheric pressure. Higher pressure is good for the 
aircraft since the wing area can be minimised and the Reynolds number is marginally increased, 
the pressure change shown here equates to a drop o f around 15% and is significant. W hile the 
reduction in temperature is not desirable it will not affect the craft in a significant way since the 
temperature at night will always be much colder than in the day. The temperature profile for the 
period o f the same three sols as the previous pressure graph is shown below in Figure 3-3.
The temperature at the surface can be seen to vary regularly on a daily cycle, the tem perature o f 
certain aspects o f the vehicle must be carefully controlled within predefined limits. The battery 
for example will incur irreversible damage below a certain temperature because o f  its chemical 
nature, and this situation must be avoided in a controlled manner.
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Figure 3-3 Temperature (Viking-1 first 3 Sols) [17]
Wind power was considered as a possible power solution driven by the potentially high winds on 
Mars, however, the normal wind speed is below 10ms"1 (22.5mph) and the energy carried in such 
a low density medium is very small. This solution may be viable for a much larger mission if  the 
rotor could be elevated into the higher atmosphere where nominal wind speeds are higher.
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Figure 3-4 Wind Speeds (Viking-1 first 3 Sols, directional data removed) [17]
The wind speeds also follow a relatively stable daily cycle which appears to be stimulated by 
temperature change. The lower wind speeds were measured during hours o f darkness and the 
sharp increase represents dawn. A sudden decrease is seen shortly after midday and this low is 
maintained until the air begins to cool as the Sun begins to set, at which point a small flurry is 
observed prior to the calm winds o f the night. It would seem that the m id-morning is the critical 
period during which the wind is highest, the flight envelope occurs just after this wind has
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decayed as shown in Figure 3-4. This also ties in well with the battery charging cycle as a period 
on the ground in the morning is necessary to recharge after the cold night.
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Figure 3-5 Wind Speed (Viking-1 first 200 Sols) [17]
The wind speed also varies over the year and dust storms are an additional potential hazard. The 
plot shown in Figure 3-5 demonstrates the typical change in wind activity during the spring to 
summer period. The regularly low wind speeds at the end o f spring gradually become more 
unreliable as the summer progresses into the autumn. This suggests that a spring deploym ent is 
beneficial.
3.3 Geological Properties
Apart from interaction with the surface o f the planet due to landing and scientific observations, 
the geology o f Mars has relatively little impact on the aircraft design. The nature o f the planet in 
geological terms can be considered in two distinct areas; the lower altitude plains and the 
mountainous regions. The lowland plains have been shown to have once contained liquid brine at 
some point in the past, while the structure o f the mountains hold clues to sub-surface tectonics. 
The whole surface environment is o f concern here and will be the focus o f discussion due to the 
necessary interaction between the mission and the planet.
The surface o f the planet Mars is a barren, rock strewn terrain with undulating elevations, sheer 
rock faces, and wide flat plains. Since the early days o f Viking [17], a global view o f the planet 
has disclosed its variety o f features, showing that as barren a place as it is; it still contains many 
fascinating landforms.
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During the previous missions to Mars, landing site criteria have been chosen using various factors 
of merit depending on the nature of the mission. Massiva is somewhat different since it is capable 
of covering a significant distance. A landing site should be chosen for the mission, which offers a 
relatively flat surface with few rocks, yet is within range of any desired features. With a range of 
several thousand kilometres, a great deal of flexibility and hence a better chance of mission 
success is allowed. The rocky surface as seen in many pictures from previous missions shows the 
typical environment in which the aircraft will be required to operate [18].
The first notable feature of the geology of Mars is the effect of its size and density; Mars has an 
equatorial diameter o f 6786km (approximately half that of the Earth), and a mass of around one 
tenth that of the Earth. The acceleration experienced due to gravity on the surface is therefore 
3.72ms"2 or around one third o f the value on the Earth [4][94].
The reduced gravity on Mars will have a major impact on both the entry vehicle and the aircraft 
design, although it should be noted that gravity is not directly considered in the basic “airship 
equation” since it deals with differential mass rather than weight. The mass of the craft (including 
its lifting gas) must be less than the mass o f the medium it has displaced to achieve lift, the 
gravitational acceleration will have no effect on this relationship, but will affect control and rate 
of climb etc. [6]. For a conventional aircraft which develops a lifting force to counteract the 
gravitational pull downwards; a reduction in gravity is beneficial since the amount o f lift is 
reduced proportionally, and hence the wing area or velocity can be reduced accordingly.
The dusty surface is punctuated by a widely variable degree of rockiness depending on location 
and this is not considered in any detail herein, since numerous missions could be flown, all with 
potentially different scientific aims it is futile to focus upon one location specifically. The vehicle 
must land on the surface where it is relatively safe to do so, this must be quantified and 
measurable autonomously either by passive or active vision systems, or radar scatterometry.
The core of the planet Mars is different to that of our own, it is believed that the fluid iron core in 
the Earth generates the strong magnetic field which protects the planet from dangerous radiation. 
Mars is not believed to have a fluid core; this would explain its lack of global magnetic field. 
Mars does however have a series of smaller magnetic fields, which are apparent locally, and can 
be measured in low spatial resolution from orbiting spacecraft such as MGS, knowledge o f the 
magnetic field on Mars is very limited as is Mars’ interaction with the solar wind [33][34].
Subsurface tectonic structure is of particular interest to this mission since a powered aircraft has 
the potential to observe the local magnetic fields present on Mars. Tectonics o f Mars are poorly 
understood because of a lack o f data and the novelty o f this mission provides a springboard from 
which to learn more about the structure of the planet. By observing the magnetic field at such low
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altitude and with a number of passes to generate an adequate spatial resolution, a subsurface map 
can be extrapolated.
The magnetic properties o f the dust found in the atmosphere have also been the topic o f study on 
every successful mission to date; data on these studies is widely available and is not discussed 
further since it is o f limited relevance to the design of the aircraft. It should be noted however 
that these experiments and others possibly evolving from the use of high power motors may be 
run during the course of this mission [26] [29] [32].
3.4 Insolation Properties
The proposed aircraft is powered by solar cells; the amount of power available to the craft is 
therefore a function o f insolation. The insolation on the surface o f the Earth is considered to be 
around one kilowatt per square metre (lkW mf1 [AMI]) which assumes minimal losses due to the 
atmosphere, and an equatorial location. Mars is in an orbit much further from the Sun than the 
Earth. The Sun’s power is radiated spherically about itself, thus any increase in distance from the 
Sun leads to a reduction in insolation by a factor o f distance squared.
The theoretical insolation above the atmosphere can be found using the following expressions 
starting with the blackbody radiation from the Sun [120]:
E  =  o T 4 = 5 .67x10“® X58004 =64.16x10 6 W m ~ 2 Equation3-l
E t  =  E A j c . r 1 = (64.16xl0<:)x4x3.14x(696xl0<s)2 = 39.04xl025lf
Equation 3-2
E t  39 .04 x 10 25
P E — ---------- = --------------- —  =  13881W m  2 Equation 3-3
E 4.x.dl 2.81xl023
E m  _ 39.04xl025 _ cnonr_ -2 
4, n . d l  ~ 6.53X1023P E ~  ~ ------ 2 ~ =  — T P rC  ~  5981km Equation 3-4M^
E = Power per meter square radiated from the Sun.
(7 = Stephan-Boltzmann Constant 56.7x1 O'9 W/m2K4
T = Temperature o f the Sun (approx. 5800K).
Et = Total power radiated from the Sun
Pe — Power incident on Earth (average orbital distance, excludes atmosphere).
Pm -  Power incident on Mars (average orbital distance, excludes atmosphere).
Equation 4.1 finds the theoretical solar flux at the surface of the Sun per unit area, this is then 
used in Equation 4.2 to show the total power emitted by the Sun. Equation 4.3 shows the solar 
flux per unit area at the Earths average distance from the Sun for comparison, followed by 
Equation 4.4 which gives the unit area solar flux at Mars.
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The figures shown are calculated at Mars’ average distance from the Sun (227.9 million km); this 
is significant since Mars has a greater eccentricity than the Earth. The eccentric orbit varies 
between 206.6 and 249.2 million kilometres from the Sun, the greater figure being during the 
northern summer hence the southern summer is warmer due to M ars’ proximity in this period
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(Figure 3-6) [92].
Figure 3-6 Mars’ Orbit Showing Eccentricity and Local Seasons
This variation of almost 10% has around a 20% effect on the increase in insolation at perihelion. 
Insolation is shown in Figure 3-7 where red shows the strongest flux and blue the weakest. The 
graph starts at northern spring on the left and is followed by the aphelion which coincides with 
summer in the same hemisphere. As the southern hemisphere approaches summer, the insolation 
increases significantly, triggering dust storms and pressure changes as the southern pole sublimes 
in the heat.
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Figure 3-7 Daily Average Insolation at Mars over One Martian year
The power available to a mission on the surface o f Mars is further reduced by the atmosphere 
[66][67][68]. The atmosphere has several effects on surface illumination and these vary with 
weather and season. The primary reduction mechanism is due to dust loading, this ultimately 
reduces the amount o f light falling upon the craft. This is supplemented by the very thin carbon- 
dioxide atmosphere which although contributory, is relatively negligible at visible wavelengths.
The dust loading o f the atmosphere varies considerably, from a typical optical depth o f just 0.25 
on an average calm day (most o f the year, particularly northern springtime), up to an extreme 
optical depth o f 4 during a heavy dust storm (typically up to perihelion / southern summer) [64], 
The impact o f dust loading on insolation is not simply one o f linear reduction however. A 
significant amount o f the energy from the Sun, rather than being reflected by the atmosphere back 
into space, is refracted through the dust, and continues to illuminate the planet [64, 68]. The 
effect o f  this phenomenon is that while the direct path o f  radiation from the Sun to the surface is 
attenuated, the indirect path radiation through a wider dust field has a positive effect. This may be 
likened to the effect on Earth, when a thick fog rests in a thin layer covering a town; the Sun can 
barely be seen, yet the fog appears very bright (although on Earth the medium and effect is very 
different and most o f the energy is reflected back into space).
The additional benefit o f this indirect insolation is particularly important for the Massiva project. 
By distributing the source o f power over a wider area, the importance o f a solar tracking array 
eventually becomes very small [66] [67]. The aircraft is in effect operating with a hemisphere o f 
illumination cast upon it -  roll and pitch will have little effect on available power.
Insolation measured on the surface varies with latitude, date, and local time as it does on Earth. 
During the middle part o f the day with the Sun at its highest, the insolation around equatorial 
landing sites may exceed 500WnT2 [67]. This figure reduces at higher latitudes but is also 
dependent on the dust loading at the time, since a positive effect may be observed at extreme 
latitudes. A typical figure o f 400Wm"2 is used for calculations regarding power since this was a 
typical figure observed during previous missions [68].
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3.5 Environmental Protection
The concept of planetary protection is to validate any experiments we may wish to carry out in the 
future. Each mission which is sent to another planetary body will carry with it some traces of 
home. The long running search for life on Mars clarifies the need to be extremely careful. While 
attempting to search for Earth-like features on another planet, using hardware built on Earth, the 
risk o f unwittingly carrying some material o f Earth origin into the experiment will always be 
present.
While some missions are destined for the surface, and can be prepared through various systems of 
cleaning, other missions are destined only for orbit, and consequently need not undergo such a 
rigorous process. Of these orbiter missions, further considerations must be met with regard to 
their probability o f impact with the planet due to technical failure en-route. The surface mission 
must therefore adhere to both of these requirements since in most cases the Lander is initially 
attached to the interplanetary/orbiter vehicle [7] [10] [12].
The COSPAR recommendations for planetary protection of Mars must be adhered to in order to 
avoid unnecessary pollution of both Mars and Earth in the event o f a sample return mission [7]. 
The cleaning of the vehicle will involve its construction in a specially designed facility which has 
a very limited number o f organic particles suspended in the air, and the sterilisation o f all 
component parts through either heat or chemical treatment. Sterilisation is insufficient however 
since the dead organic material will still offer a potential to impact certain experiments, the parts 
must thus be physically cleaned also to remove this dead material [92].
The orbit of the interplanetary craft will be designed such that spacecraft failure will not result in 
impact with the planet; this is to avoid contamination by the uncleaned spacecraft. Generally this 
will involve an offset in the orbit injection from Earth orbit into the interplanetary phase, such that 
the spacecraft is aiming slightly away from Mars. Towards the end o f the interplanetary phase, 
the spacecraft is realigned towards Mars since the time period is shorter and thus the risk is 
significantly lower [10, 12]. If the mission can be designed such that the interplanetary craft does 
not need to enter an impact course with the planet then this is desirable -  if  the entry vehicle has 
propulsion for example.
For planetary sample return missions the chance for contamination is much greater since both 
Mars and the Earth must be protected. While this is beyond the scope o f this mission it should be 
considered since non-return missions must be maximised to avoid unnecessary risk [40].
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3.6 Environmental Summary
Mars is relatively similar to Earth in a planetary context, the differences must however be 
considered when designing a vehicle for use in this environment. The thin, cold, carbon dioxide 
atmosphere must be carefully modelled to determine its effects on the vehicle -  particularly when 
an aircraft is to be designed.
The low pressure and temperature demands the use of some specific materials; lubricants in each 
of the moving components must be considered where necessary, either implementing a dry film 
lubricant, or a very low temperature conventional grease lubricant, usually containing graphite, 
Molybdenum disulphide or other low temperature bearing materials. The limitations of 
construction materials are also restrictive and their usage in this harsh environment must either be 
rated for the anticipated temperature range or limited to usage in a protected warm core within the 
vehicle.
The rocky terrain is potentially hazardous to traverse and also to land upon. The density and size 
of rocks must be considered and a method of avoiding them must be devised. The dust particles 
in the air cannot be avoided, however the craft can be designed to minimise the build-up o f this 
dust by using smooth inclined surfaces where possible [64]. The craft should also stand high 
enough to avoid saltation which according to simulations occurs largely below 20cm above the 
ground [65].
Knowledge of the daily cycles on Mars must be used to develop an operations plan to enable 
maximum use of the aircraft without exposing it to unnecessary risks. This involves for example, 
landing the vehicle in an illuminated area with sufficient day light remaining to recharge the 
battery.
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Chapter 4
4 Vehicle Selection
This chapter will discuss the selection process used to determine the class o f vehicle. The initial 
decision between an airborne or ground based system is then extended to consider the benefits of 
each option within the solution. An overall impression o f the concept is added at the end o f the 
chapter and other tradeoffs are discussed.
4.1 An airborne vehicle
The aim of the research was to determine the feasibility of a small craft to take a number of 
surface contact samples over a significant area of the planet Mars within a low mass framework. 
The number of sample sites was taken to be in the order o f ten, and the exploration path to be in 
the order of a thousand kilometres.
The demand for surface sampling forces the use of a mission from one o f two categories; surface 
rovers, or airborne vehicles. An overview of vehicle capabilities is shown in Table 4-1.
Vehicle Static Balloon Powered Glider VTOL
Science Objective Lander Aircraft Aircraft
High Spatial Resolution Imaging and Spectroscopy 1 Site V S v'
Wide Area Atmospheric Measurements S S
Multiple Surface Sampling S
High Spatial Resolution Magnetic Surveying S Ltd S
Precision Inspection o f Predefined Features S Ltd S
Precision Surface Sampling o f Predefined Features
Table 4-1 Comparison of Various Mars exploration mission types.
A static Lander is of no use in the context o f this mission, since the primary requirement is to 
cover a wide area, thus a moving vehicle o f some sort is clearly required. With such a large range 
requirement (bearing in mind the slow progression o f a small ground vehicle and its limited 
lifetime due to the environment); an air vehicle is the only option, a thousand kilometres over 
rocky terrain for a 15kg rover is currently beyond practicality.
The options remaining are many, the low mass intention o f the design must be considered and a 
feasible solution provided. Numerous options were considered, these were largely variations on 
common themes and can be reduced to two key areas as follows: static lift -  a lighter than air 
vehicle o f some sort, or dynamic lift -  generating lift using the flow of air over an aerofoil.
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The mission requirements for wide area sampling, and the need to take surface contact data, were 
the significant issues driving the selection criteria towards an airborne vehicle.
4.2 Static or Dynamic lift?
This section will consider the merits or otherwise of a static-lift vehicle compared to a power 
driven vehicle which must provide dynamic lift.
4.2.1 A Balloon
The obvious solution for a low mass aircraft to be used on Mars is a lighter-than-air system. 
There are several basic groups of lighter-that-air craft, these are as follows:
• Balloon -  A soft structure with no control surfaces, controlled by altitude and wind.
• Blimp/Dirigible -  A soft envelope held in place by overpressure with control systems.
• Airship -  A rigid structure surrounded by a gas tight material with control systems.
Combinations along these themes have individual issues to consider; both positive and negative. 
The benefit of the blimp and the balloon is clear in terms of packaging; only the collapsed 
envelope need be transported to Mars and can be deployed easily from either the ground, or 
during descent. The Airship in comparison requires a structure which is potentially as large as the 
entire craft, and while modem materials can minimise the necessary mass [61], the volume 
requirement will still be a major constraint. A collapsible or inflatable structure could be adopted, 
however the rigid structure will always add significant mass and thus a larger envelope will be 
required to support it. The balloon is the simplest of this family of craft, its uniform shape 
approaching spherical is the optimal solution for minimum mass -  the smallest volume of lifting 
gas can be contained in a sphere of that volume, although the lowest skin tension for a given 
pressure differential can be achieved using a modified sphere [6] [104].
An initial mission requirement of 10kg (from the project brief) was used to quantify a lower 
threshold for the lighter than air options. These were derived using Mylar of various thicknesses 
as a base material, and it should be noted that several options involving the strengthening o f the 
envelope against tearing should be adopted and are not included in these calculations, this would 
increase the mass of the envelope by an estimated 10 to 100%.
Firstly a lifting gas was considered, several options are available from pressurised gas o f various 
types through to the generation of gas from liquids and solids; this can reduce the transportation 
mass to the planet when a significant mass is required, but this is negated for small amounts by 
overhead mass due to the necessary supporting control systems.
28
Chapter 4. Vehicle Selection
For this lower threshold example, the lifting gas was chosen to be helium; the small volume tank 
required may be jettisoned after filling if necessary. Helium has benefits including its very low 
density (second only to Hydrogen) and its inert form which makes it a relatively safe system to 
implement. The Mars atmosphere is largely Carbon Dioxide, and was considered to be pure C 0 2 
for the purpose of these calculations; a full breakdown is shown in section 3.2.
Density of C 0 2 (pm) 1.98kgm'3 (Approximate atmosphere)
Density of He (ph) 0.189kgm'3 (Helium lifting gas)
(Both at 273K and 100 kPa) [16]
Pressure is proportional to density however, which requires that the values above are corrected for 
the low surface pressure on Mars, a value o f 600 Pa (a factor o f 142 times smaller) was used as a 
worst case value [17]. The temperature on Mars is considered to be comparable to the conditions 
shown above at 273K. Although in practice the temperature will often be lower, this will have 
only a small and positive impact on these calculations.
Pm Ph 1 .98-0.189 _  3 7 _3
Ap  —-----------=  = 12.61x10 kgm Equation 4-1
H 142 142
The density differential (Ap) is shown above, in terms of the two acting gas parameters. The 
static lift equation now enables some examples to be considered.
L = Vx  Ap  Equation 4-2
Lift (L) is found by multiplying volume (V) by the density differential (Ap), note that the lift is 
expressed in kilograms. Static lift is a function of displaced mass, lift mass is thus independent of 
gravity, and care should be taken when considering these values.
A craft of total mass of 10kg is considered, the lift requirement for such a vehicle is thus its mass 
alone and is not multiplied by the Martian gravitational constant (gm=3.72Nkg_1).
L rr  10 3 = V = ----------------- = 193m Equation 4-3
Ap 12.61x10
Thus to lift 10kg from the surface of Mars using a balloon would require an envelope o f nearly 
eight hundred cubic metres. The question now is; can a balloon of this size be made with a mass 
of less than 10kg? A spherical balloon is the most efficient solution as discussed; requiring a 
diameter of 11.5m, and a surface area of 414m2 (derived from the required volume).
Once the surface area is known, the mass of the envelope can be calculated, a best-case figure was 
found based on the thinnest Mylar (Dupont’s Mylar is a very strong polyester film) currently 
available (4pm) which has a mass of 5.7gm"2 and a yield strength o f 720gcm'1 [93]. The 
minimum mass o f the envelope thus equates to approximately 2.4kg, allowing 7.6kg for payload
29
Chapter 4. Vehicle Selection
etc. This however is very optimistic; it does not consider attachment to the gondola or resistance 
to the elements. To make the envelope more robust by incorporating fibrous material or other 
common tear resisting modifications, the thicker 12pm Mylar was considered; at 17gm‘2 the total 
envelope would weigh around 7kg; a considerable increase. The yield strength o f the thicker 
material increases proportional to thickness and thus yields at up to 2.2kgcm_1 [93] at typical 
Martian temperatures. The chart below (Figure 4-1) compares the total lift with the size o f the 
envelope for different thicknesses o f material, and the total mass o f each envelope. The graph 
demonstrates that for any given material, a minimum volume of balloon is necessary before the 
lift exceeds the mass. In the case o f the 12pm Mylar; a spherical balloon cannot produce 
sufficient static lift to lift its own weight below around 4m in radius. The 4pm material will 
continue to have a net lift until around a 1.4m radius, below which it will also become too heavy 
to support itself.
The upper volume limit for these materials is governed by the maximum load upon them due to 
increased lift which follows from increased volume. For the small values o f mass in the thin 
atmosphere (hence the relatively large balloon); this is not considered to be a limiting factor for 
this mission. Larger missions must consider material strength.
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Figure 4-1: Comparison of Lift and Mass with increasing Radius
The baseline balloon outlined above shows the boundaries o f  the lighter-than-air system in terms 
o f system mass, and consequently payload mass can be derived. As yet no aspect o f  control has 
been suggested; this is a significant aspect and must be considered. The basic balloon design is 
assumed to be inflated and deployed; it must then travel across the planet to its next sample site. 
Balloon systems on Earth rely on variation in wind at different altitudes to assert control. On
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Mars, control using wind direction would require a better understanding of the weather than we 
currently have, it is a difficult task on Earth with an experienced pilot and would have to be done 
autonomously on Mars, the demands in technology to assert this control would add a significant 
cost, mass, and lead time to the project.
If  the balloon is considered to have no means to control its flight path -  only ascent and descent, 
the system becomes much simpler; unfortunately it also loses its key novelty in mission which is 
its capability to inspect a given feature on the planet. The mission now becomes essentially a 
balloon which is carried by the wind to wherever it blows; the balloon must descend periodically, 
possibly with a significant horizontal velocity, onto the surface of the planet where it must retain 
sufficient buoyancy to keep the frail Mylar envelope from touching the potentially hazardous 
rocks on the surface. To allow this, the payload must be low-slung -  possibly on a long tether, 
and be a significant percentage of the total mass of the craft to enable a reasonable net lift to 
remain when the payload is landed (the remaining lift force must be comparable at least to the 
wind induced drag for the envelope to maintain altitude).
The power system for the balloon must also be considered; if  a solar array is to be used then either 
it must reside on top of the envelope, or compensate for shadowing from the large envelope. This 
will be very restrictive however it will be offset by the low power requirement o f the device, and 
possibly by the long tether between the envelope and payload.
Further analysis of a super-pressure, helium filled “pumpkin balloon” has been considered 
elsewhere. Designed to carry a payload o f up to 2kg, the 10kg concept is comparable to the 
worked example discussed here [104].
The alternative lighter-than-air option is to consider a dirigible; this uses engines or motors to turn 
propellers which control the craft. By providing the lifting envelope with some control, the 
vehicle can fulfil the mission requirement; it can go where it is programmed to go rather than 
relying on the wind. The requirements o f a dirigible are somewhat different to those o f a balloon 
since it interacts with its environment in a very different way. The balloon moves with the air, 
thus drag is not a concern; the “blimp” in contrast moves through the air and thus drag must be 
considered. The stereotypical “cigar shaped” dirigible form is familiar to most people (e.g. The 
Hindenburg -  although actually an airship). The streamlined shape is designed to reduce drag in 
the forward direction but to also maximise lift volume; this requires a shape which is much less 
efficient than a spherical balloon in terms o f envelope material mass (around 15-20% greater 
depending on final shape is typical) [6].
The control of the craft is usually asserted by several propeller assemblies, often two or four 
gimballed “ducted fans”, placed symmetrically about the gondola to maximum effect. Altitude 
control can be achieved using the thrust from the rotors to some extent; however the coarse
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control comes from the envelope’s static lift. The envelope is filled with lifting gas; two deflated 
gas-impermeable “ballonets” reside inside this envelope (one front, and one rear to control pitch). 
To reduce the lift of the envelope; (rather than vent the valuable gas) the ballonets are inflated 
with ambient atmosphere. The increase in pressure in the envelope and reduction in lifting gas 
volume thus causes a lack of lift; the converse is true when the ballonets are allowed to deflate.
Due to the relatively large cross-section of the dirigible, a significant amount of power is required 
to push it though the air -  often against the flow of the wind or across it. Airships and dirigibles 
thus tend to have limited speed and are limited to flying in relatively calm weather conditions [6]. 
Unlike the balloon example shown previously which was for a bare Mylar shell; when a dirigible 
is considered, many other items must be included. Propulsion system, fuel, gimbals, ballonets, 
valves, and possibly moving control surfaces, are the most notable modifications. These all add 
up to a significant mass and must be included in the lifting system mass budget. As an example, 
the ballonets alone may exceed 10% of the original envelope mass; the new envelope must 
therefore be larger to support this. This excludes consideration o f any pipe-work or pumps to 
enable the ballonets to be expanded and collapsed.
The graph in Figure 4-1 can be extrapolated to show that a payload o f 25% cannot be achieved 
with a 12pm balloon of less than a total mass of 8kg (payload 2kg); a 15kg balloon would require 
9kg o f Mylar envelope (leaving 6kg of payload).
If a dirigible is considered within this 15kg concept, the remaining 6kg must be shared between 
the control systems, the larger envelope, and the payload. The almost 1200m3 envelope is 
estimated at 11 kg based on a simplistic 3:1 (24m long : 8m diameter) hemispherical/cylindrical 
model. The ballonets increase this to around 12kg assuming a 10% overhead. This leaves 3kg for 
the remaining control systems and payload.
It is clear that the requirements of a dirigible push it much further along the mass scale than a 
'■ balloon because of its associated control system components. When these are coupled with the 
12kg envelope; very limited mass remains to fulfil the defined mission. A larger mission would 
suit this vehicle much better, as is always the case with a lighter-than-air vehicle, although the 
problems with control of a large soft structure around a rocky surface remain to be considered (the 
low slung gondola possible on a balloon becomes partially impractical on a dirigible as it needs to 
maintain a rigid interface to assert control).
The drag of such a vehicle can be quantified using Equation 4-4 below:
„  Cdp V 2S
D —------------- Equation 4-4
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D -■ Drag (N)
C<j = Coefficient o f Drag 
p  = Air Density (kgm'3)
V = Forward Airspeed (ms'1)
S = Frontal Area (m2)
A value for Cd of 0.5 is adopted for the dirigible on the basis that it is a smooth and clean structure 
with no significant protrusions. The frontal area o f around 50m2 is taken from the cylindrical 
model. The only remaining unknown variable is velocity which could range from a very slow 
progression upwards, three values are considered as shown below in Table 4-2:
Velocity (m s1) Drag(N) Progress per Sol (km) Power [4x 0.5m rotors] (W)
5 4.5 36 65
10 17.5 72 494
20 69.5 144 3910
Table 4-2 Dirigible Drag and Power Comparison
The progress per Sol is based on a two hour flight each day during the generally calm period in 
the early afternoon, after which the vehicle would have to reduce its altitude onto the surface to 
avoid blowing freely during the higher winds of the evening. The lower velocity range o f 5 to 10 
ms'1 requires a significantly lower power due to the velocity squared factor influencing drag. At 
the lowest rate of progression shown here, the one thousand kilometre mission could be achieved 
in 27 flight cycles.
The example shown above appears to be a viable one, however, this excludes consideration o f the 
mass o f the components suggested; the power was calculated using Equation 6-2, and assumed the 
implementation o f four rotors each with a diameter of 50cm. The mass o f these rotors and 
associated motors and gearboxes must be included in the remaining 3kg. This value must also 
include all electronic support systems including payload, OBC, battery, solar array, or chemical 
fuel, and additional structure where necessary to support the propulsion units. Clearly this will 
reduce the payload to a fraction o f the remaining mass.
An example of a lighter than-air project is “Altair” carried out at the University o f Wales [96] [97], 
the first prototype craft (Altair-1) was a basic model with no ballonets, it was designed for use in 
Earths atmosphere as an experimental craft, its mass was up to 2.2kg depending on payload (1.6 
to 1.8kg). The 2.8m3 envelope alone thus has a mass o f 400g, suggesting around 40gm'2; nearly 
2.5 times more than the thicker Mylar on average. Using the same materials for a larger Mars 
envelope, and retaining the same control and payload, would result in an envelope o f 19.8m 
diameter to lift both itself and the payload. The control hardware would be grossly inadequate 
due to the increase in mass, volume, and the thin atmosphere, but ignoring this, the mass o f the 
craft would be in excess o f 51kg (with a 1.8kg payload) and thus well beyond the scope o f this
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mission. This project is progressing and a second larger prototype (Altair-2) has undergone 
testing.
4.2.2 Powered flight
The ‘Powered Flight’ category consists of both fixed-wing and rotary-wing aircraft. Both are 
potentially unstable in the high winds associated with the Martian atmosphere. However, on 
closer inspection of the Viking data [17], the weather seems sufficiently predictable on a daily 
basis for powered aircraft to fly safely. Potentially dangerous high winds are rare. High winds 
are likely to be more o f a problem for grounded dirigibles or balloons, with a large envelope and 
relatively small control surfaces if  any. The powered aircraft is superior in this respect since it is 
a robust structure sitting on the surface rather than a soft balloon “bobbing” just above it, the 
angle of attack of the wings can be designed such that the typical Martian wind has very little 
effect when the aircraft is on the ground because of the VTOL nature o f the mission.
To compare a powered aircraft with the minimal balloon solution in the previous section, some 
parallels must be drawn. The 15kg balloon offered zero directional control but a reasonable 
amount of payload (6kg).
The dirigible of the same 15kg is perhaps the best comparison available. The obvious question is 
this: If  a dirigible could be made with a payload, power, and control system of only 3kg to 
manage the otherwise dead mass o f its 12kg envelope; could a superior solution be achieved using 
an integrated powered aircraft approach? The comparison with the prototype dirigible Altair-1 
suggested that flight was impossible for a blimp within this mass window; although it is stressed 
that this was an early Earth model.
The forthcoming discussion and indeed the thesis will therefore demonstrate that a powered 
aircraft (on such a small scale) has a superior mission capability due to flight control, speed, 
payload, and resilience when compared to a blimp, such that it is a practical solution for the 
proposed mission.
To validate the use of a powered aircraft, it must be seen that either the payload, or the mission (or 
preferably both) are superior. Assuming that the aircraft can somehow lift itself off the ground, 
and can sustain flight for an adequate duration so as to fulfil the mission; then it is apparent that 
the powered aircraft will provide a superior capability in terms of specific location exploration 
(the balloon cannot since the wind takes it where it will for example).
The solution to demonstrating the aeroplanes suitability to the mission is not a simple one, and 
several iterations were considered in the process o f decision making, the first o f these tradeoffs 
will be considered in section 3.3. Having reasonably assumed that the powered aircraft has the
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potential to provide a superior mission plan, it is now to be seen whether it can deliver the 
necessary payload support demands o f the mission.
4.3 Fixed or Rotary wing?
The powered flight options are numerous, all valid options must provide some VTOL solution to 
overcome the rocky or uneven terrain. The helicopter or rotary wing vehicle is the obvious 
choice, and shall be considered first, other fixed wing VTOL aircraft will be discussed 
subsequently.
The rotary wing craft has the advantage that it does not require a transitional phase between two 
modes o f flight, it takes-off vertically using the downward thrust o f air from its rotors, and 
maintains flight in this manner throughout, thus simplifying control. The disadvantage is the 
converse of this, where it is inherently inefficient in forward flight and is also relatively slow [23]. 
This is potentially a critical factor in the project since there will be a very constrained power 
budget available. Several dedicated rotary wing vehicles have been proposed and limited hover 
tests have been implemented with various mission concepts [9][55] [56] [82].
To maximise the efficiency o f the aircraft, the rotor must be as large as is practically possible to 
reduce stream velocity losses and maximise the effective rotor area. This can be seen below as an 
initial estimate for power is found.
Firstly the downdraught velocity (Vi) may be found as follows; this is the velocity o f the air 
passing through the actuator disk necessary to transfer sufficient momentum to provide thrust (T) 
which will hold the vehicle airborne in equilibrium [23]:
Vj = Downdraught Airflow Velocity (ms-1)
T = Thrust (N) 
p  — Air Density (kgm‘3)
A = Rotor Area (m2)
The (ideal) power required to sustain this thrust can then be found by the following equation [23]:
Phov = 2/?AV3 Equation 4-6
P h o v  -  Power Req’d to Hover (W)
Vj = Downdraught Airflow Velocity (ms’1) 
p  = Air Density (kgmf3)
A = Rotor Area (m2)
2 pA
Equation 4-5
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For an aircraft of 15kg, with a single piece multi-bladed rotor such as may be fitted in the nose 
cone of a typical launch vehicle such as a NASDA H-2 i.e. 2.5m diameter, a free-stream 
downdraught velocity of 20.2 ms"1 (from Equation 3.5) must be generated. This then dictates an 
ideal hovering power of 1130W (from Equation 3.6). This is comparable with other rotary wing 
vehicles for both calculated and measured power levels based on similar values [9].
Doubling the rotor diameter to five meters (assuming the rotor could be collapsed) would cut this 
in half (to 565W) although the larger figure will be used for the example in hand. This is the 
craft’s minimum continuous ideal power requirement to keep it airborne in equilibrium, and as 
such is the major quantifying factor defining its practicality or otherwise. The rotor will induce 
losses during the transmission of power from rotary to axial; a typical value for rotor efficiency is 
around 80% [23].
A source of power for this requirement is the next consideration; either chemical or all electric are 
the two options. The chemical options will be discussed further in Section 6.2 relating to power. 
For the purpose of the current argument, it is noted however, that a hydrazine piston engine may 
consume around one kilogram of fuel per mega-joule [110]. If  the power found above is only 
corrected for rotor inefficiency (1.4kW), and the shortest mission o f 1,000 km is considered at 
(for example) 30ms"1, then fuel to last around 33,000 seconds would be required. This equates to 
about 47kg of hydrazine, and no consideration has yet been made of the additional power required 
for forward flight.
The average insolation at Mars is around 585Wm"2 outside the atmosphere. Power available on 
the surface varies with both the season which is location dependent, and Solar longitude which 
has an effect due to Mars’ eccentricity. To power the craft electrically directly from solar cells 
would require over 9m2 of r\:=26% cells (around 10kg); this ignores the large variable losses 
through the atmosphere due to dust loading etc. but is already a significant mass.
The alternative is to power the rotary wing craft using some solar-rechargeable battery system. 
This would require a storage capacity dependant on daily flight duration. If  the same 1000km 
flight is broken into ten one-day flights of 100km, then the energy storage requirement o f the 
system can be found. Using the same values for power and speed as previously, would require 
approximately 3300 seconds of flight per day; this equates to 4.6MJ or 1,280 WHrs. If a depth o f 
discharge around 50% is considered, then a battery of 2.5kWHrs would be necessary; this would 
involve a battery o f up to 40kg depending on technology and as such is both comparable with the 
hydrazine example, and beyond the scope o f this mission. Note that this example excludes 
consideration of the solar cells or motor or other associated hardware.
To reduce the mass of the battery, the duration of each flight must be reduced if the helicopter 
type mission is to be feasible. The mass of the battery described is an estimated factor o f ten
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times too heavy. If the flight duration is also reduced by this factor however; the 55minute flight 
now becomes just five minutes, or 10 km. The mission could still be carried out using a much 
longer mission duration o f 100 cycles (possibly 200 sols); this would impose restrictions on the 
vehicle to enable it to survive for the full duration, such as battery discharge, and sample period 
duration as well as the increased dust deposition on the solar array which Sojourner experienced 
to be around 0.28% per Sol (56% reduction in solar power over 200 Sols) [64][99]. A mission of 
100 sols would barely be able to cover 1000 km and leaves no intermediate sols for analysis. A 
100 day mission would also push the end o f the mission towards the poorer weather season, high 
winds and dust storms. A more realistic 200 sol mission would certainly be exposed to increased 
risk of bad weather. A shorter mission with a smaller total path length would suit this vehicle 
very well, for example, an inspection mission to survey a smaller area, possibly as part o f a larger 
mission to provide a wider context for a Lander/rover.
The rotary wing system can achieve flight using both electrical rechargeable and chemical power. 
Neither can fulfil the mission however; the energy requirement is too high to enable a fully 
fuelled chemical system to complete the total range requirement, and the electrical system can 
only perform in limited short flights which while they are of no interest to this mission, may be of 
some value in a different scenario.
Regardless of power technology; a rotary wing vehicle is an inefficient solution when compared 
with a fixed wing equivalent. Conventional fixed wing aircraft do not have the ability to land 
vertically as will be required on the rocky and irregular terrain. This is a problem that has been 
overcome in the past however, with VTOL aircraft for both the civil and military markets and 
more recently with UAVs [19][98], and as such is considered not beyond possibility for a Martian 
air vehicle.
Assuming that such a VTOL aircraft may be built within the limitations imposed, the question of 
power must be addressed with regard to the previous rotary wing example. Firstly the wing area 
and profile required to lift the craft at a reasonable speed must be ascertained; 30ms'1 is used as an 
average cruising airspeed to enable reasonable imaging of the surface. Lift is found from the 
following basic expression [3]:
r  C Lp V 2SLx = ------------- Equation 4-7
Li = Lift Generated (N)
C l -  Coefficient o f Lift 
p  -  Air Density (kgmf3)
V = Forward Airspeed (ms-1)
S = Wing Area (m2)
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Since V has been defined as 30ms'1, and L is the force (55.8N [Mars g = 3.72]) required to lift the 
known mass (15kg), only Cl and S remain to be found. A practical “thick” wing i.e. a 15% thick 
high lift aerofoil, may have a coefficient of lift in the order of 1.5 [3], this places the only 
remaining variable ‘S’ at around 6.2m2.
This is a significant volume of wing to stow in the suggested nosecone o f a NASDA H-2 rocket; 
this will be considered in more detail later.
Returning to the primary question o f the power requirement, the drag can now be estimated [3] 
(due to the lack of real wind tunnel data) and the power to maintain level flight at the datum 
ground level can be found (this is considered further in Appendix 1).
D  = ----- ------  Equation 4-8
D = Drag Generated (N)
C<j = Coefficient of Drag 
p  -  Air Density (kgm'3)
V = Forward Airspeed (ms'1)
S = Wing Frontal Area (m2)
An average figure for drag coefficient of Cd = 0.5 for the yet to be designed craft, is considered to 
be a reasonable estimate [3]. Wing frontal area is based on a parallel wing of area as discussed 
above and an aspect ratio of 5:1, thus the forwards cross section equates to 0.93m2. The drag, and 
hence the force required to push the aircraft through the air, is therefore 2.92N. At 30ms'1 this 
equates to 2.92 x 30 = 87.6W. Implementing a 33% factor o f merit for the propeller, and a 5% 
(mechanical) transmission loss [26] produces the required power figure o f approximately 123 W.
The power required to propel a fixed wing aircraft of these dimensions through the air, is less than 
one tenth of the power required to lift a helicopter in the given example. The fixed wing steady 
state flight power of 123W could be supplied by only one meter square o f solar cells as discussed 
previously (although a practical system will use more as discussed later). If  a practical VTOL 
solution can be provided then this is the only vehicle considered thus far which can support the 
prescribed mission. VTOL vehicles have previously been developed for terrestrial use, these 
involve either tilt-rotors [98], vectored thrust [116], or dedicated lift engines; tail-sitting concepts 
have also been proposed and prototyped [27].
A VTOL aircraft is capable of longer flights each charge cycle when compared to a dedicated 
rotary wing vehicle because the power requirement during steady state flight is significantly less. 
The steady state flight power has a large impact on the potential flight duration because sufficient 
power can be developed from the solar array during flight to sustain both flight and recharge.
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4.4 Concept overview
The brief for the aircraft was to find a solution to allow multiple surface samples over a wide area. 
It must be a relatively low-mass, low-cost solution yet must out-perform all o f its predecessors 
through its novel mobility.
Any ground based craft was ruled out and the lighter-than-air vehicle was quickly found to have a 
significant mass requirement for the large envelope needed to generate static lift in the thin 
atmosphere. The minimum mass o f the frail Mylar craft had to be increased beyond the design 
envelope to maintain control. Solar energy for the balloon/airship was also a potential problem, 
with the centre of mass beneath the shadow of the Mylar envelope. Several aircraft concepts were 
then considered, using the same mass constraints, the aircraft was also found to be close to the 
edge o f practicality depending on several factors; however it appears to be more practical than the 
balloon/dirigible.
Below in Table 4-3 is a list of the proposed aircraft’s key parameters:
Total Mass ~15kg
Lift Rotor Area 2.3m2
Wing Area ~6 m2
Payload Mass ~3.5kg
Airspeed >30 ms"1
Power Input <350W
Battery Capacity ~140WHrs
Table 4-3 Key Parameters of Massiva.
The sustainable mass is related closely to velocity and wing area. To enable quality imaging 
and to effect control at low altitudes, the velocity was minimised (otherwise high speed imagery 
and look-ahead impact avoidance would be required); this also reduces the peak power load 
duration during VTOL transition (both engines don’t need to work for so long together since the 
aircraft attains horizontal flight sooner and with lower drag). The wing area must provide a 
high aspect ratio to minimise drag; yet, it must also provide an adequate chord dimension to 
avoid flow separation. The wing form must also stow into its aero-shell for atmospheric entry.
Several solutions for VTOL were considered and these are discussed later in section 6.3.4, the 
chosen method is shown in the simulation-generated images below in Figure 4-2 and Figure 
4-3. These show both the stowed (upon initial landing), and the flight (ready to fly) 
configurations respectively, the wheels shown on the later were to assist in ground manoeuvres 
during the simulation and are not intended as part o f the design.
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Figure 4-2 Stowed Configuration
Figure 4-3 Flight Configuration
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Chapter 5
5 Scientific Experiments
The scientific goals o f previous Mars missions have varied around several topics of interest to the 
scientific community. The search for life was an early driver for the Viking 1 and 2 missions 
[17], in contrast to the primary pathfinder mission goal o f the proving o f a low cost interplanetary 
success [18]. The more recent searches for water ice and water vapour have lead to searches for 
signs of liquid water now believed to have existed on the surface some time in M ars’ history as an 
evaporating salt solution.
Massiva is designed to cover a wide area o f the planet, enabling multiple surface contact sessions, 
several mission scenarios can be envisaged for such a craft, and none considered here is suggested 
to be exhaustive. It is envisaged that several aircraft will ultimately be deployed, each with a 
unique payload to carry out its own specific mission. This chapter considers the application of 
Massiva to the traditional scientific requirements of Mars explorer missions and outlines some 
payload options to achieve this. The payload constraints are considered and limiting factors are 
discussed with respect to impact on the aircraft design.
5.1 Scientific Goals
The novelty in the mobilised capability of Massiva has developed to explore the planet in a new 
way. This increased level of exploration is based on two primary requirements; to cover a 
significant area, and to make surface contact experiments. The aircraft solution allows the 
additional dimension o f aerial imagery to be added to this.
5.1.1 Planetary Coverage
To fulfil the mission requirements set out in the brief, the aircraft must cover in excess o f one 
thousand kilometres, and make ten surface contact samples. This will allow a significant strip of 
the planets surface to be analysed. Ten samples across a thousand kilometres o f a geological 
boundary or about the location o f a site believed to have held water in the past for example will 
enable the acquisition of a valuable cross section o f data.
The vehicle will adhere to a predetermined flight plan; this will be designed prior to the mission 
with the potential to be updated following the reception of any data suggesting other sites o f more 
value (e.g. aerial imagery of an interesting feature etc). The nature of the solar powered aircraft
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restricts it to flying around mid-latitudes; the final solar cell specifications will determine the 
ultimate limit although this will not be a sharply defined edge. It will be possible to extend the 
limitations by modifying the daily flight routine to allow the battery to charge for longer pre­
flight, and discharge deeper during the descending VTOL manoeuvre, this may be considered 
more acceptable towards the end o f the mission. The limitation on the flight envelope is caused 
by several power related issues; the battery must not discharge below a given DoD, and the 
battery must be recharged prior to sunset. The number o f take-off cycles will ultimately be 
limited by the battery as its capacity reduces with each use, this will depend on the DoD and 
charge rates.
The seasonal variation also imposes some restriction on location, and northern spring/summer 
flying is preferable since summer in the southern hemisphere increases the likelihood o f dust 
storms [92] (although the southern hemisphere also benefits from closer proximity to the Sun 
during summer which is beneficial in terms o f temperature and insolation).
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Figure 5-1 Example flight paths of 1000 km, and 5000 km
The image shown in Figure 5-1 shows two short lines representing the scale o f the minimum 
llight-path required by the brief (1000km), and also a 5000km extended mission, each dot may be 
considered to represent a landing site. Note that even the minimum is capable o f traversing the 
immense Valles Marineris, while the extended mission could straddle the wide plains o f Syrtis 
Major, or the length o f Valles Marineris. Other restrictions on flight envelope exist and these are 
shown only to demonstrate the scale o f the mission.
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5.1.2 Contact Experiments
The contact experiment opportunities can be considered under four main headings; passive, 
abrasive, penetrating, and active observation techniques. Each sub-set has its own benefits; 
however they are all effectively used to determine the presence of chemicals, either on the surface 
or beneath it. Some of the main chemical detection experiments are listed below alongside the 
chemicals they can detect and notable requirements in Table 5-1.
Experiment Capability Requirements
Alpha Particle X-ray Spectrometer All major elements except Must be very close to
Hydrogen and Helium target material
Mossbauer Spectrometer Iron Content and oxidation Requires contact to
ratios minimise noise
Laser induced breakdown spectrometer Most common elements Laser power and optics
including hydrogen, and iron constrained by distance
Pyrolytic gas chromatograph and mass Inorganic and organic Requires material
spectrometer compounds, isotropic ratios sample for evaluation
Raman Spectrometer Molecular analysis Must be close to target 
material
Infra-red spectrometer Molecular analysis Must be close to target 
material
Optical centred band microscope Micron resolution Close proximity 
improves resolution
Electrical potential Conductivity/permittivity o f Requires good
surface electrical contact
Acoustic sonar system Sub-surface structure Requires good sonic 
conduction to soil
Integrated DNA sampling Specific organic marker Depends on sample
compounds (air-borne or rock 
based)
Table 5-1 Contact Experiment Instruments [39] [40] [42] [44] [89]
The value of these instruments must be evaluated for the specific intentions o f each mission; 
however several o f them can be flown on each occasion restricted only by total mass. The power 
requirement of each of the instruments listed is less than a few watts with the exception o f the 
Pyrolytic gas chromatograph [42]; which in its current state o f technology is too heavy to be 
flown on this mission based on the mass budget in section 6.1.
The mass and power consumption of the considered instruments [39][40][42][89] are shown 
below in Figure 5-2. The initial payload mass budget was 4kg (25% of the total); this must 
include everything which is solely related to the payload, including the deployment mechanism 
but excluding the power, thermal, computational, and communications systems.
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Figure 5-2 Instrument mass and power consumption
These figures are easily misleading in terms o f power since power in itself is not a driving factor 
for these instruments; rather energy is the constraining factor, and this is related to the duration o f 
operation o f the instrument. This is considered further in the brief overview o f each instrument 
which follows. The mass shown in all cases is derived from the heritage o f previous examples, 
these are not absolute values and are continually being reduced by new technology, they are 
offered only as a guide to what is a realistic payload, and what is not.
The Alpha Particle X-ray Spectrometer (APXS) exposes the target to a stream o f energetic alpha 
particles and X-rays from its radioactive 244Cm (Curium) element. The energy spectra o f  the 
resulting backscatter is measured using a silicon X-ray detector and a series o f  alpha detectors; the 
target material is determined from this response [90]. The X-ray mode is particularly sensitive to 
major elements Mg, Al, Si, K, Ca, and Fe, and minor elements including Na, P, S, Cl, Ti, Cr, and 
Mn. The alpha mode is sensitive to Carbon and Oxygen and elements o f higher atomic numbers. 
Due to this sensitivity to carbon and oxygen (the two major constituents o f  the atmosphere) the 
distance to the target must be restricted and the instrument must be calibrated [89].
The APXS must be operated for several hours to achieve a full sample o f data, around ten hours is 
a typically quoted figure [39]. The values quoted in Figure 5-2 are based on the instrument used 
on the recent MER missions [89], ten hours o f  operation o f this instrument amounts to 15 WHrs 
o f energy consumption. This can be carried out during daylight hours and thus easily be 
supported by the solar array power alone. The 640g Athena unit is the most comprehensively 
published o f the Mars instruments [89], although the Beagle-2 instrument has significantly less 
mass (-50% ) [92], The MPF system included a proton mode also, made obsolete by
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improvements in the X-ray spectral resolution [89][90]. This earlier system had a total mass of 
740g and consumed a more constrained 800mW. The sensor head on both flown versions has 
been outside the vehicle, exposed to the elements (the control electronics remains in the heated 
Warm Electronics Box (WEB).
The Mossbauer Spectrometer illuminates the target in a similar way to the APXS, however this 
time the source is 57Co (Cobalt) which is generally infused into some form of carrier foil, which in 
turn is modulated by vibrating it back and forth to enable the Mossbauer Doppler shift effect. The 
backscattered gamma-ray and X-ray return represents the recoilless emission fraction (Mossbauer 
fraction) and reflects the relative amount o f iron in various valence states [91].
The Mossbauer effect can be used for various elements; however the effect on iron is most 
distinct and is also rather useful in mineralogy. The instrument must be designed for use with the 
specific material it is to measure since the radioactive source excites the target within a very 
narrow energy band. There are a number of limitations for this type o f spectrometer applied in 
this environment largely due to that lack o f background sample data (no Martian rocks are 
available pre-flight for instrument calibration) and variation with temperature which the device is 
relatively susceptible to [35] [102].
The time required to take a full sample can cover a wide range up to twelve hours depending 
largely on mineral form and iron content; the temperature during this time should not change by 
greater than 10°K -  this is an obvious problem for this instrument [91] since insulating both the 
device and the target in usually impractical. Assuming maximum sample duration gives an 
energy requirement of about 19WHrs, comparable to the APXS, and no significant drain if  carried 
out during daytime.
The Laser Induced Breakdown Spectrometer (LIBS) is another active observation system, a laser 
is used to ablate the surface of the sample. The excited atoms then return to their lower energy 
level, emitting the excess energy in the form of light. The frequency bands of the emitted light 
are characteristic of the excited element and are easily observed by specifically chosen spectral 
detectors with relevant filters [39].
The benefits o f this technique over other spectrometers is the speed o f sample acquisition, the 
plasma is excited and decays in a few seconds, allowing an instant elemental analysis o f the 
(ablated) material. The use o f LIB spectrometers is a relatively new technique and the 
mass/power considered above is liable to be inaccurate. The short period o f operation supports a 
low energy strategy, despite the higher momentary power required for the laser. The nature o f the 
device allows a greater distance between the device and the target, since the interaction with the 
atmosphere will have minimal effect on the observed spectral response (depending on geometry 
and optics).
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The Raman Spectrometer is similar in essence to the LIB spectrometer but exploits a different 
phenomenon known as Raman scattering. A laser source is aimed at the target material, and the 
molecular vibrations impose a Doppler shift onto the reflected component o f the beam. The 
magnitudes of the different shifts in frequency are then measured and are characteristic of the 
material under observation. The sensing element for the MER missions was a CCD device, using 
multiple filters to sense each of the relevant frequency bands [101]. A similarly filtered CMOS 
sensor among others could be used, the only restrictions being on sensitivity and frequency 
response rather than spatial resolution.
The Raman spectrometer is theoretically capable of detecting any molecule, but may be restricted 
in operation by laser frequency, bandwidth, number o f sensor bands, and their response. The 
MER Raman spectrometer is capable o f detecting water and common minerals, although some 
organic compounds can also be detected. The Raman Spectrometer developed for use on the 
MERs used a lOmW laser diode centred at 532nm, producing a spot size o f around 25 microns 
wide [101].
The small signal reflected by the target material degrades rapidly over distance due to the 
hemispherical reflection, and thus the experiment must be carried out in very close proximity to 
the target. The sample time is short (0-3 minutes) allowing numerous samples to be taken during 
an experimental period.
The infra-red (IR) spectrometer and the extended optical band microscope have a proximity 
requirement which makes them a contact experiment despite actually being imagery products. 
They both work on effectively the same principle; observing reflected or emitted light from the 
target material. The Beagle-2 IR spectrometer was proposed to operate in the wavelength range 
0.8-10pm, with a spatial resolution of 200pm [44], in contrast the microscope for the same 
mission had a spatial resolution of only 1.5pm and a spectral response o f 435-865nm (filtered for 
several bands from visible to NIR) [43].
Both the IR spectrometer and the microscope are used for molecular and structural studies o f both 
mineralogical and organic material. Their performance is enhanced in the low temperature 
environment by reducing the noise floor of the sensors [120], this requires recalibration once 
deployed. These sensors have the potential to generate a large amount o f data due to the high 
pixel counts possible [40]; the value of this must be evaluated, and an economical strategy for 
data retrieval must be employed to achieve adequate data compression.
Integrated DNA sampling devices have been proposed although these are still in a state of 
development [111]. A sample taken from the target is introduced onto a pre-treated glass slide 
where numerous spatially segregated reactive chemicals react with the sample; each displaying 
the presence o f an individual marker of some sort. The fluorescence o f each o f the reacted
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substances is then measured using a CCD or CMOS imager. Many biomarkers can be tested for 
in this way, not only DNA and other signs of extant life, but also pre-biotic and abiotic chemicals.
5.1.3 Imagery Products
Imagery is a potentially large aspect o f the aircrafts capability; not only can images be taken from 
the air, but also from the ground. The mission can be increased in value if  interesting features are 
observed during flight which can then be inspected in more detail, either by closer imagery or 
landing for contact data. The aircraft in the air (at a nominal 50m) has the capability to image the 
surface in great detail; using a CCD or CMOS 4096 pixels square array and a simple 90-degree 
lens results in around 2 cm spatial resolution below the aircraft. This is around one hundred times 
better than the Mars Express HRSC [114]. At the outer edges of this example image, the 
resolution would drop slightly due to the wide angle; the total swath would be twice the altitude 
(100 m at 50 m altitude) as shown below in Figure 5-3.
A/C
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Figure 5-3 Example Imager capabilities
To image the surface at this altitude can provide various data; terrain mapping for future missions, 
tectonic history, material abundance and outreach imagery. To maximise the potential, several 
filtered imagers would be beneficial thus allowing multi-spectral data to be retrieved, both in the 
visible and NIR wavelengths depending on the technology of the device and optics.
By increasing the mass dedicated to optics, a higher resolution imager can also be employed. A 
20-degree field of view can be achieved with minimal increase in mass; perhaps on the front of 
the aircraft for forward imagery, or on the underside to support the wide angle data. In the latter 
case the resolution would increase to 4 mm/pixel (at 50 m), while the former case is dependent 
upon angle (if the imager is aimed at the ground 1km ahead then it would achieve 8.5 cm/pixel on 
the centreline, the forward looking swath being around 350 m). Faster sample rates will offset 
blurring of images caused by narrow angle lenses, but this may require larger apertures.
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Stereo imagery from the air would be of value for mapping the surface in three dimensions; using 
a pair o f the imagers discussed (pointing straight down and with a baseline o f 2m) would allow 
post processing to define around 10 cm along the mean view axis (vertical measurement).
To enable full coverage o f the aircraft (for inspection) and the surroundings would require 
additional imagers, the number would depend on specific requirements. For example; a single 
imager on top of the craft with hemispherical coverage could monitor all flight controls, solar 
cells, and propulsion system components in low resolution, the same beneath the craft could 
provide a lower hemisphere of coverage -  imaging both the surface, landing gear, and deployed 
instruments. This could implement a hemispherical mirror such as that fitted to Beagle-2 to 
enable such a wide angle with a low-mass device [92].
Ground based imagery may also be of importance to the mission; the first images taken will be 
from the ground, and may be the last if  the aircraft fails to operate as planned. The downward 
looking imagers designed for flight may be out o f focus at such levels and a separate ground suite 
is required. A high level imager would also be advantageous to observe the surroundings o f each 
landing site, this may be housed in the vertical tail to avoid additional deployment complexity.
High pixel-count CCD imagers are common in space applications [114]; however CMOS imagers 
are providing a much lower power and simpler solution. The external circuitry requirement is 
reduced by the on-board analogue to digital conversion and output data structure. The CMOS 
sensors are well developed for terrestrial applications and arrays now exceed three mega-pixels 
[3 8] [40].
5.1.4 Environment Analysis
Aside from the contact and image based experiments, there are a number o f other devices which 
may be desirable on such a craft; these include a weather suite, magnetometers, ground 
penetrating radar, deployable radar targets, sub-surface “moles” and complementary abrasive 
tools.
A weather suite has been flown on all previous missions [17][18], generally measuring 
temperature, pressure, and wind velocity. This may be developed further to include atmospheric 
dust effects instruments [29], insolation and UV radiation monitor [36], humidity detector etc. 
[31].
The temperature sensor generally consists of a solid state sensor; the conductivity o f the 
semiconductor varies with temperature. The output is not linear however and after analogue to 
digital (A-D) conversion, the digital value can be post processed to provide a linear scale. The 
amount of data generated is dependant on the sample rate but is generally small; the Viking 
Landers returned around sixty weather samples per sol.
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The pressure sensor uses a capacitive device, one plate residing on a rigid substrate, the other 
open to the atmosphere with a sealed gap between the two [120]. The differential pressure across 
the device increases or decreases the gap and hence the capacitance which is then measured using 
a tuned bridge of some sort. Once again this may be digitised and thus made linear if  it is not 
inherently so.
Wind velocity is generally measured using a hot wire anemometer [120] however ultrasonic 
devices are also becoming available [120]. The hotwire method heats a resistive wire by passing 
a current through it, as the wire heats up its resistance increases until an equilibrium temperature 
state is reached. The wind blowing across the wire allows it to lose energy through forced 
convection, which in turn allows more current to flow. The temperature remains at its equilibrium 
state throughout, and by this mechanism the power to the wire is related to the wind speed. The 
power is thus measured and wind speed derived from it. The hot wire is a relatively simple 
instrument although it has an inherent resolution issue due to its thermal inertia.
The ultrasonic method emits a sound from one sensor and receives it with a second; the Doppler 
shift caused by the movement of the medium (the Martian “air”) is the means o f data capture. 
The atmosphere is particularly thin and sound is absorbed over a very short distance, thus the 
sensor must be close to the emitter. This may cause interference with the flow and thus bias the 
measurements. This method is also more complex and although potentially lower power, requires 
more hardware and processing to achieve the same result as the hot wire.
Dust measurements may be considered in two parts, atmospheric dust loading, and dust 
properties. Optical measurements can be taken to ascertain the state o f the atmosphere, using 
some form of reference light or sensing sunlight from various angles (the direct illumination is 
replaced by diffuse illumination during increased dust loading) [67]. Characterisation o f the dust 
has previously been attempted using a multi-spectral imager to observe settled dust on either 
magnet arrays, solar cell cover glass, or the facets of the spacecraft itself [29][32][63].
Monitoring of the insolation on the surface of Mars during changes in season, dust loading, and 
local time are of particular importance for future missions. With a single flat solar array (e.g. 
sojourner) it is difficult to discriminate between direct and indirect illumination. Any multi­
dimensional array could enable monitoring o f discrete array sections to allow the maximum data 
retrieval although this is difficult to implement using a working array. A small area of the solar 
array could be dedicated to these experiments, or a separate solid state device could be added.
The UV radiation on the surface o f Mars is of interest as it has a significant flux around the 200- 
400nm wavelengths -  the lower end of this being particularly harmful to biological organisms. 
The lack of apparent life may be due to this, in which case sub-surface excavations are justified. 
A better model of the surface UV conditions may help in the search for life. The UV flux can be
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measured with a simple array o f photodiodes such as those on Beagle-2; the power requirement, 
mass, simplicity and data output are thus very small [36].
The magnetic field had yielded little data thus far, the Lander/rover does not have the mobility 
required to take these measurements, satellite magnetometers have been used, but the resolution is 
poor. Knowledge o f the magnetic field at Mars will improve understanding of the tectonic history 
of the planet and aeronomy [34]. The aircraft offers a novel opportunity do to this, and 
magnetometers can be a very simple addition to the mission. The solid state devices may be 
mounted on the aircraft wingtips to avoid interference from the motors; however this may not be 
sufficient separation when the motors are operating. The forward flight motor is significantly 
lower power that the lift motors and will generate much less magnetic interference. An 
alternative approach to minimising magnetic interference is to implement a fly-glide-fly strategy 
where the aircraft can glide for short periods to enable sampling.
Ground penetrating radar is a potentially viable experiment; it would require a long monopole 
antenna fitted horizontally behind the aircraft to emit and receive the low frequency radio waves. 
The waves penetrate the crust and return reflections of varying intensity depending on the change 
of material formation. This could possibly be used to aid vertical navigation, and possibly low 
gain communications to orbit. A simple system may involve very little processing and be 
relatively low power (5W) and mass (0.5kg), yet could return an interesting insight into the 
subsurface (~20m depending on power and material) [39].
Sub-surface moles have been proposed for several missions and flown on Beagle-2 [37][113]. 
The moles are intended to dig beneath the UV bathed surface in search of a more hospitable 
environment for living organisms to reside. While the mole package may be less than 1kg 
(Beagle-2 mole was 890g), it is only a retrieval mechanism and other instruments would be 
required to process the extracted sample, in Beagle-2’s case this involved the gas analysis package 
-  which in its current state of technology is too heavy to be flown on this mission [92].
Abrasive tools complement many of the contact experiments by exposing a fresh sample beneath 
the materials original exterior surface, this strategy was adopted by both the Beagle-2 mission’s 
C/G(corer-grinder) [92] and the MER mission’s RAT(rock abrasion tool) [14]. The C/G weighed 
in at 348g, and increased the scientific value o f most of the other experiments on board. The C/G 
was designed not only to expose the surface (down to 3mm below the mean face) but also to core 
out a sample for analysis in the GAP; this additional requirement would thus become redundant 
and the mass can be reduced accordingly.
The release of inflatable radar targets may be o f use in gaining a better knowledge o f Martian 
weather and atmospheric dynamics. From discussion in section 4.2 the minimum volume of such 
a target can be calculated; using the 4pm Mylar for the envelope and helium for the lifting gas and
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ignoring the internal radar target for the moment, requires a 2.8m diameter sphere which would 
weigh in at 245g. With a comer-cube reflector of aluminised Mylar this could increase to 500g or 
more depending on target size. Because of the mass o f the radar target, only one could really be 
justified per mission on board the aircraft, however, several could potentially be deployed during 
initial entry / descent. The deployment of the target would affect the mass and balance o f the 
aircraft and must be considered. No power would be required once deployed to support this 
experiment as tracking would be done from orbit. The experiment could be enhanced with a very 
basic low mass imager and radio system -  this would only survive long enough to take some 
overview images to put the mission into a wider context.
5.2 Payload Design
As discussed previously; the payload options are numerous depending on the specific aim of each 
mission. This section suggests a package which may be typical o f such a mission as a 
demonstration only. From the mass budget presented later in section 6.1, the total initial mass for 
the payload is around 4kg. This figure covers all hardware specifically related to 
experimentation, e.g. imagers, lenses, support electronics, wiring etc. This budget is shared 
between contact and imagery experiments.
5.2.1 Contact Experiments
The contact experiments are of primary importance to fulfil the brief. Some instruments 
suggested for this all-round package are as follows in Table 5-2.
Experim ent Mass Reasons/Comments
APXS 640g Heritage and capability for low mass
Mossbauer Spectrometer 500g Mineral classification
Optical microscope 25 Og Flexibility of high resolution imagery
Integrated DNA sampling 25 Og Very low mass, great potential
Abrasive tool 300g Simple tool discloses new environment
Total 1.94kg Capable package, good mass contingency
Table 5-2 Example Contact Payload
The APXS capability to detect virtually any element (except hydrogen and helium) and its low 
associated mass make it a very valuable instrument. The APXS will enable chemical analysis to 
be performed at any landing site, and coupled with the abrasive tool will allow invasive 
measurements of rocky material.
The Mossbauer spectrometer has the capacity to measure iron isotope content which the APXS 
cannot do alone, this will characterise different types of rock which will improve understanding of 
Mars’ development and formation.
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The optical microscope will allow surface features to be analysed optically, this will allow 
qualification o f other data based on target grain size and formation. Very high resolution imagery 
will allow human observation o f the materials found.
The integrated DNA sampling “DNA on a chip” allows the detection o f specific biological 
markers; the low mass device offers a powerful tool in the search for life.
The abrasive tool is included to allow invasive observations to be performed. Without some form 
o f cutting/grinding system; only the exposed surface would be available for observation. The 
grinder complements all o f the previous experiments by allowing them this additional dimension.
5.2.2 Imagery products
Several imaging systems are suggested for this typical payload. Each has its benefits due to 
location and capability, these are shown in Table 5-3.
Experiment Mass Reasons/Comments
W ide angle Downward 75g Terrain overview + Payload imagery
Wide angle forward 75g Observe A/C and forward terrain
Downward narrow package 800g M ulti-spectral and stereo ground imagery
Total 950g Essential imagery package
Table 5-3 Example Imagery Payload
The wide angle downward-looking imager will be used to observe the terrain during flight in the 
optical range; a 90-degree optic will allow a sub-aircraft spatial resolution o f 4cm at 50m altitude 
(Figure 5-4). A basic CMOS system requires very little support electronics apart from 
communications to the core computer. Two imager/lens assemblies are envisaged to maximise 
the value o f the support hardware -  each imager can be enabled remotely and duality can provide 
both failure mitigation and dual focus.
Figure 5-4 Impression of the Wide-Angle imager capability during landing
The wide angle forward-looking imager would be identical in essence to the downward-looking 
imager (again utilising two low mass CMOS assemblies), however would be mounted upon the 
vertical stabiliser o f  the aircraft (Figure 5-5). This high and aft location provides a good overview 
o f the aircraft and the forward terrain. By placing an imager here covers three o f the requirements
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discussed previously; initial land based imagery prior to deployment, forward imagery during 
flight, and imagery o f the state o f the aircraft. In this case the focus may be identical but the angle 
may be offset to allow further flexibility.
Figure 5-5 Impression of High-Level Imager location in stabiliser and swath
The downward-looking, narrow-angle (~20-degree) package in this example consists o f  several 
cameras operating in different wavelengths and alignments (Figure 5-6). The estimated mass o f 
800g is derived from a package considered for Beagle-2 o f around 200g each; this would allow 
four imagers. These should be mounted in such a way that depth information can be derived from 
any pair, i.e. a line o f four imagers along the width o f the aircraft, and each with a filter o f 
different wavelength. This separation should allow stereo imagery to be performed at any 
operational altitude by varying the pair o f images used. The resolution at 50m would be up to 
7mm/pixel, and would be improved at lower altitudes. The narrow angle will reduce the depth o f 
field however and focus will thus not be maintained across the whole range.
Figure 5-6 Impression of Narrow-Angle Imager Package; only 2 imagers shown for clarity
5.2.3 Other payloads
Magnetometers to measure the local magnetic field are o f minimal mass and are a novel addition 
to the vehicle -  no previous vehicle has had the capability o f mobility to make use o f them. These 
would reside in the wing tips to minimise interference from the electric systems.
A weather station built into the vertical stabiliser will minimise aerodynamic effects on the local 
atmosphere and measure temperature, pressure, and wind velocity. Velocity may also be
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measured along the surface o f the wing to improve knowledge o f aerodynamics in the Martian 
environment. The mass allocated to these experiments is 150g based on previous systems and 
current work.
5.2.4 Payload Summary
The payload discussed here is presented as an example o f what Massiva can achieve. It is not 
suggested as an optimised solution nor is it considered to be. This payload is capable o f retrieving 
data comparable with previous Mars missions (but with the novelty o f its mobility).
This payload does not contain a sub-surface mole for deep excavation because o f the significant 
mass associated with the supporting hardware. A later generation o f  mole could be implemented 
if  its associated mass were reduced (i.e. articulated deployment, retrieval and sample collection).
All values for mass, power etc are estimates based on previous hardware either flown or 
otherwise. Specific figures will vary due to improvement in technology or variation in payload 
design approach -  the integration o f all aspects o f the craft will assist in minimising its mass.
The capabilities o f the suggested package are shown below in Table 5-4, the total mass o f this 
package is 3.04kg, the remaining mass is dedicated to deployment hardware.
Experiment Capability
W ide-angle Imagers Terrain overview and aircraft im aging (4cm/pixel)
Narrow angle Imagers Multi-spectral (4 bands)+ stereo imagery (7mm/pixel)
Spectrom eters Detection o f  elements and Iron isotopes
M icroscope Identification o f  formation and material types
Integrated DNA Biological markers
Abrasive tool Expose sub-surface material for spectrom eters etc.
W eather suite Tem perature, pressure, wind velocity
M agnetom eter Local magnetic field
Table 5-4 Example payload capabilities
Figure 5-7 Massiva with Payload Deployed -  (landing gear omitted for clarity).
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Chapter 6
6 Aircraft Design
The design of Massiva is considered in this chapter. Detailing critical aspects o f the vehicle was 
the only available method to determine its viability. The baseline lighter-than-air vehicle was 
shown to have restrictions of minimum mass and control capability; and thus the powered aircraft 
approach was considered. The simplest aircraft concept involves a significantly more complex 
consideration to demonstrate its viability or otherwise, and this is considered herein.
6.1 Mass Budget
The initial estimated budget o f ten kilograms was intended to support a small, light weight, Mars 
mission which could reduce many of the associated costs compared to the more traditional large 
missions. Consideration of the payload options available have led to an increase in this figure to 
fifteen kilograms. This enables a powerful science package to be flown based on an early 
assumption of payload mass percentage. Gradually the mass budget has been condensed and 
corrected based on requirements, available technology, and material properties. This section 
discusses the primary elements defining the mass budget, the budget itself, and the overall 
limitations of mass in relation to aircraft operation.
6.1.1 Mass Drivers
The mass of the aircraft was detailed in the brief; the value of 15 kg was chosen from this range to 
maximise the size of the payload -  if  the aircraft was shown to be viable at this mass then possibly 
other smaller (10kg) aircraft could be used with reduced payloads.
The requirement for VTOL imposes some method of vertical thrust; for the stated mission, the 
most practical method was from electrically driven rotors. The mass of the motor is related to the 
power it must translate from electrical to kinetic energy. The power is related to the area o f the 
rotor - a larger rotor requires less power. In contrast, the mass of the rotor increases with size due 
to increased span, and chord length at the root to maintain Reynolds number (a larger rotor must 
rotate more slowly to avoid supersonic tip speeds). Additional control would be required with a 
single rotor due to the helicopter-like torque which must be counter-acted. The propulsion trade­
off (section 6.3) discusses these issues in detail. Two rotors are to be used, each with a diameter 
o f 1.2m; these each require a brushless-DC motor to drive them.
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Forward propulsion has similar issues to the vertical propulsion; however the power involved is 
considerably less. This enables a smaller rotor and motor to be implemented. The issues of
rear of the aircraft is planned with a one metre diameter rotor.
Control of the aircraft can be asserted in several ways; the elevator, ailerons, drag rudders, and 
displaced mass are all intended to provide a viable system which is highly integrated. These are 
all considered to be part o f the structure o f the aircraft yet are considered for their own merits.
The power system is a significant consumer of mass; the electric propulsion demands a great deal 
o f power which must be derived from the Sun and stored until required. The power system is 
considered as two distinct sub-systems; the battery, and the solar arrays. Many options for battery 
power are available, the primary trade-offs involve voltage and current capability. The battery 
was optimised for high current and low mass; rather than high capacity.
The solar arrays have been relatively comparable in terms of mass when comparing thin film 
flexible cells against rigid substrate cells until recently; the flexible cells are now achieving 
sufficient efficiency to be the optimal solution. The flexible cells mounted on the upper surface of 
the wings provide less directional impact on the craft and also act as the aerofoil surface thus 
performing a dual task.
The structure of the craft is again a significant percentage of the mass budget however it must be 
minimised to achieve the requirements of the brief. The structure can be separated into the 
following; wings, fuselage, controls, and deployables. The wings are related directly to total 
mass, they must be o f sufficient area to support the craft in flight. They must be stowed in a 
compact form for the interplanetary cruise, and deployed simply and reliably upon landing. The 
long chord-length demanded by stowing the wings also improves the Reynolds number and 
allows a larger diameter tubular carbon spar to be implemented (Figure 6-1).
torque are smaller and can be controlled by the already present control surfaces. One rotor on the
Leading
Edge
A
Root
Chord
Tip
Chord
Figure 6-1 Main Components of one Wing
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The fuselage must provide little more than an interface between the two wings, and housing for 
the lift elements and electronic hardware. Non-deployable experiments will be mounted on the 
fuselage, but are not contained in its mass budget.
The landing gear is to be deployed during final descent o f the entry vehicle carrying the aircraft; 
this must take the load o f the aircraft descending onto the surface at a small velocity controlled by 
the rocket-braked back-shell. The gear will consist o f three carbon legs; each deployed by spring 
mechanism following jettison o f the heat-shield, enabling simple support o f the aircraft around 
one metre from the ground, the gear will not be retractable.
Underside of 
Fuselage
Strut
Support
Integrated M oulded C/F 
Hinge Block with Steel 
SpringLanding Gear Strut, 
(truncated), partially deployed
Figure 6-2 Main Components of One Landing Strut
The payload is considered a variable option based upon the requirements o f the individual 
mission, to this end it is assigned a mass which is not reduced into its component parts. Several 
instruments can be carried within this budget as described in Chapter 5.
6.1.2 Preliminary Budget
An initial mass budget was generated in the early stages o f the project to provide some starting 
point to work from. This provided each o f four sub-systems with an equal share o f  the total 10 
kg. Structure, payload, Propulsion, and power, were therefore assigned 2.5 kg each.
Consideration o f the battery and payload contributed to the increase to a 15kg aircraft; to achieve 
sufficient current from the battery made it heavier than the budget allowed. Increasing all 
dimensions o f the aircraft has the effect o f  increasing both the rotor diameter and the battery mass. 
Note that a special battery could be made which would fall between the two categories however 
that is beyond the intension o f a low cost COTS based solution.
A selection o f manufacturers’ data for motor and battery [ 15][20][21 ][ 124][ 125][ 126][127] 
capabilities were acquired and these provided the first indications o f the aircraft’s viability. The
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breakdown shown below in Figure 6-3 considers the VTOL propulsion elements. The motors 
each require a gearbox to achieve the low rotor speed necessary due to its length and the lower 
speed o f sound on Mars. The graph shows that while the motor is a significant aspect o f  the 
system; the other elements also involve significant mass, and the total is considerably more than 
the motor alone.
Component Mass/g
Motor 268
Gearbox 100
Rotor 200
Wiring 150
Controller 50
Mounting 50
Total (1 unit) 818
Rotor Wiring
Motor
Controller
Gearbox Mounting
Hardware
Motor
Figure 6-3 VTOL Propulsion System Mass Breakdown
Component Mass/g
Battery 3100
Array 300
Wiring 205
Regulator 100
Total (whole) 3705
Figure 6-4 VTOL Power System Mass Breakdown
The structure o f the craft is considered in its two primary component parts; the wings and the 
fuselage. The mass breakdown for one wing is shown below in Figure 6-5. The carbon fibre 
composite tubular spar is the main load bearing component and accounts for almost one quarter o f 
the total wing mass. The ribs provide stiffness along the chord o f the wing and also stiffen the 
tubular spar to avoid buckling. The skin o f  the wing provides the aerodynamic surface on the
The power system is considered as a whole at this point, including both the solar array and the 
battery systems. A breakdown o f mass for this system is shown in Figure 6-4. From the graph it 
can be seen that the battery is significantly heavier than any other component including the solar 
array, the other components being comparable to the array and relatively insignificant. This 
follows from the heavy demands o f the motor on the battery during VTOL manoeuvres, although 
the amount o f energy is relatively small and hence the battery’s charge requirements on the solar 
array are not massive.
Battery
Solar Array
Wiring
Regulator
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lower face and also partially supports the solar array on the upper surface. The rigid monocoque 
wing structure was chosen in favour o f a fully flexible skin due to its robust nature, this decision 
could be reversed to achieve a mass reduction o f over 1kg per wing although the covered wing 
will require additional bracing to achieve a comparable structural integrity.
Skin
Component Mass/g
600 
1400 
300
Spar
Skin
Ribs
Total (1 wing) 2300
Spar
Ribs
Figure 6-5 Wing Mass Breakdown (One only)
The main component in the fuselage is the continuation o f the tubular spar between the wings; 
this has outriggers to support the motors, and a central boom to retain the battery etc. The 
remainder o f the mass is the minimal monocoque structure surrounding the rotors and forming the 
leading and trailing edges. A breakdown o f the fuselage components mass can be seen in Figure 
6-6. The fuselage component o f the main spar is the most heavily loaded section, both during 
take-off and in conventional flight since it must bear the bending moment against the weight o f
the wings, and o f its own weight respectively.
Main Spar
Component Mass/g
Main Spar 700
Leading Edge 175
Trailing Edge 120
Skin 115
Central Core 190
Motor Booms 228
Landing Gear 100
Ribs/Duct 380
Payload Mech. 100
Hinge 200
Total Fuselage Mass 2308
Wing Hinge 
Mechanism
Payload Deployment 
Mechanism
Leading Edge
Trailing Edge
Skin
Central Core
Ribs/Duct Motor Booms
Landing Gear
Figure 6-6 Fuselage Mass Breakdow n
The total mass budget can now be seen below in Figure 6-7. The variation from the initial budget 
is clear, and demonstrates that the structure o f such a craft is the single most significant mass 
driver; this is where a small percentage change will have the greatest impact and all efforts must
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be dedicated to reducing this. The propulsion system, while the smallest mass component, is 
governed by the craft’s total mass and any increase in the total demands an increase in either 
power or rotor area.
8000 
7000
6000 
5000 
4000 
3000 
2000 1 
1000 
0
Propulsion 1886
Power 3705
Structure 6908
Payload 2501
Total (grams) 15000
Propulsion Power Structure Payload
Figure 6-7 Realistic Mass Budget for Massiva
The power system is a large but relatively flexible component, if  the VTOL duration must be 
extended then plenty o f reserve energy is available in the form of capacity, however, very little 
additional current can be provided. The payload has reduced considerably from the initial value 
and the loss o f instruments will devalue the mission, these may be replaced by optimisation o f the 
structure to reduce its mass.
6.1.3 Mass summary
The mass budget for Massiva considers the mass in four units; Power system, Propulsion system, 
Structure, and Payload. The total mass budget o f 10kg was initially split into four equal parts as a 
starting point from which to work. It quickly became apparent that 15kg was a superior value due 
to various requirements and the availability o f certain components. The 15kg budget was again 
split equally giving each system 3.75kg to work towards.
The power system required almost this whole value in order to provide both the voltage and 
current which was required for the critical vertical manoeuvres, initially battery capacity was 
considered to be the limiting factor however this was shown to be not the case.
The propulsion system needed only half o f the prescribed amount to fulfil its requirements, the 
high power density brushless motors and gearboxes which are available enable a very low mass 
package to be designed, although the additional support components add significantly to this.
The mass required by the proposed structure is much greater than anticipated however this was far 
from optimised and its mass may be reduced following greater development. The mass o f  the 
structure and propulsion system leave a reduced although still workable mass budget for the
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payload. Since the payload is critical to the mission its mass must be maximised with high 
priority.
6.2 Power System
The power system for Massiva is unique and has unusual requirements when compared to other 
spacecraft or planetary explorers. The high power lift requirements and the low power thermal 
requirements coupled with the low mass aim of the craft; require a novel system to be 
implemented which is very different even from Earth based UAVs [53]. This section discusses 
the unusual demands on the system and provides a solution. Further discussion on power and 
energy maybe found in Appendix 2.
6.2.1 Requirements
Besides the initially constrained mass of below 4 kg; the power system had a series of electrical 
requirements which make it unique. The system is to provide a renewable source o f energy for a 
15kg aircraft, and to supply power to all aircraft systems as required. The table below (Table 6-1) 
shows the aircraft power requirements for one day.
Requirement Power Energy Comments
VTOL Lift Motors 2.6 kW 156 kJ 1 minute drain twice/cycle
Forward Flight Motors 150 W 540 kJ Drain during 1 Hr flight
Contact Payload Operations 5 W 90 kJ 5 hour surface operation
Imaging Payload Operations 5 W 18 kJ Continual during flight
RF Communications 30 W 54 kJ Data from ground, 30 mins/day
Flight Control Systems 5 W 18 kJ Servo systems etc during Flight
Thermal Control 3 W 150 kJ Night-time heating 14 Hrs
Payload Deploy/Retract 5 W 300 J 1 minute, twice/sol
Data Processing 10W 430 kJ 12Hr Day, standby during night
Power Input (illumination) 280W ave. 7 MJ Varies with angle etc 10 hrs
Table 6-1 Power Requirements (discussed previously)
The aircraft is initially powered by the interplanetary vehicle; this provides a charged battery for 
the entry and descent phase and initialisation on the surface. Once the wings are deployed the 
solar array is able to generate power from the Sun. The power available from the Sun is shown 
below in Figure 6-8, this is based on previous simulation data following analysis of Viking and 
Pathfinder. The chart shows the power which is theoretically available to the array based on 
view-angle from the equator at the equinox. This power must be corrected for solar array 
efficiency, dust effects, season, and latitude variation. From the observed wind patterns shown in 
section 4, the mission would be best suited to late spring to early summer -  this takes place 
around 80 degrees earlier and is much closer to the northern summer solstice. Mars’ axial tilt of 
around 25 degrees ensures that the Sun is seen at its highest at this latitude around the solstice 
making this a desirable place to fly.
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Figure 6-8 Power Available to 6m2 Array at Equator
The graph above shows power against Sun angle which is directly proportional to time since Mars 
rotates at a constant angular velocity. The energy curve is therefore very similar in shape, and 
demonstrates a total energy expectation o f 10MJ per day based on 15% array efficiency, with the 
Sun passing directly overhead. The graph below (Figure 6-9) shows the effect o f latitude 
variation upon this total energy figure:
>>
O)
©e
©
oh-
12
10
8
6
4
2
0
0 20 40 60 80 100
Latitude I D egrees
Figure 6-9 Variation of Total Energy Generated with Latitude
It can be seen that little impact is made on the total energy figure until greater than 20 degrees 
difference is incurred. It should be noted from table 6.1 that the mission requires less than 2MJ 
per day, possibly less if  the flight cycles and experimentation are limited to certain periods is 
required. This energy can be generated at extreme angles. The reason for the large solar array 
(six square metres) is that the battery must be charged prior to landing, and as such must deliver 
around 800kJ during the one hour flight, this equates to around 230W, or 1500W o f available
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power (to the array). With no losses due to latitude, this figure can be achieved three hours after 
Sun-rise.
The highest current demand comes from the VTOL manoeuvre which requires a large amount o f 
thrust to be developed by the motors for a short period o f time. This imposes a requirement for a 
source o f 45 amps. While this is not a huge amount o f energy, it is one o f the main drivers behind 
this system since no viable alternative is available.
The night-time drains on the system are another significant factor since they determine the storage 
capacity requirement. While the current is small, the total energy is significant and sufficient 
storage must be available to maintain the temperature and functionality o f  the vehicle during what 
is effectively a long eclipse.
All daytime ground based operations have the benefit that no continual drain from the motors is 
taking place; since the motors are the largest drains on the system, all ground based systems will 
have ample power to function.
The power dissipated during VTOL take-off must be recuperated prior to landing. This demands 
that an excess o f power from the solar array must be sufficient to recharge the battery despite the 
continual drain from the forward motor etc. The alternative is to implement a battery which has 
sufficient capacity for both take-off and landing, and possibly for flight also. If the latter was the 
case then a night flight may be possible.
Imaging payload operations are carried out in flight to map the planet’s surface. Imaging, 
processing, flight control servos and the radio beacon to allow tracking are the other drains during 
flight. If an excess o f power is available during flight then communications may also be 
considered.
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The graph shown above in Figure 6-10 shows the primary current drains (blue) anticipated from 
the system during a typical 2-sol cycle. The lowest output on the graph represents a heating and 
standby systems load during hours o f darkness. When solar power is available in the morning, 
experiments and processing may resume. The two large peaks represent the VTOL load and 
between them the steady state flight current. The peaks on the second day represent 
communications to orbit. The pink line represents the maximum power available from the solar 
array; note that this is significantly lower than for comparable Earth vehicles [54].
6.2.2 Solar Cells
The ratio of solar array to battery mass has a significant impact on the system. At one extreme is 
a system with only a solar array; the VTOL requirement demands it is massive, yet it has no 
night-time storage. The other extreme is to run a battery only system which must also be huge as 
it must store all the energy for the whole mission. In the latter case a chemical system can offer a 
superior energy density. The graph below (Figure 6-11) shows the effects on input power, and 
capacity by varying this ratio in terms of mass.
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Figure 6-11 Effect of Mass Distribution of Array to Battery
The graph above is based on 200gm"2 thin film solar cells and 3.3AHr NiMH Cells and thus the 
optimum ratio is only qualified for those technologies -  different specifications clearly shift the 
optimum value one way or the other. The power requirement to perform a VTOL manoeuvre is 
2.6kW, this can not be achieved by 4kg of this array (and even if  it could, the area would be far 
too large). The battery can provide 2.6kW over a mass o f around 3kg; the energy being dissipated 
by this operation being 156kJ must be replenished within the flight window of one hour before 
landing takes place. This equates to around 50W continually for an hour, the aircraft must also be 
powered during this time at around 170W; this can be achieved using less than one Kilogram of
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solar cells o f this type. It is clear that the battery is the significant mass in the power system, the 
requirement for current forces the need for this, the solar array only needs to be a low mass due to 
the relatively small amount o f energy dissipated at the high battery current.
The ratio o f battery to solar array mass provides an indication o f how much solar array is 
required. Clearly the greater energy-density solar arrays will minimise total mass. The graph 
below in Figure 6-12 shows the difference between five types o f light-weight solar cells in terms 
o f power per unit mass. The first four until recently have offered comparable performance in 
terms o f power per unit mass, however their area requirements vary considerably [53]. The 5th 
cell type (Copper-Indium-Selenium) has recently achieved very good performance using a very 
light-weight flexible substrate [109].
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Figure 6-12 Power per Unit Mass (nominal 400W/m2 assumed)
This latest flexible array technology performs considerably better than previous comparable 
products and can also be used for the wing covering due to its flexible and robust nature (Figure 
6-13). The mass requirement for the array discussed previously can thus be reduced accordingly.
Courtesy o f  Swiss Federal Institute o f  Technology
Figure 6-13 Flexible Array Technology
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6.2.3 Batteries
The system voltage was chosen ultimately from the requirements of the Aveox brushless-DC 
motor which was the most efficient motor available within the limitations. The voltage and 
maximum current drain are consequently comparable at 29V and 45A respectively. This was 
used as a starting point to determine a suitable battery.
The table below compares a range of NiMH cells for maximum current, mass, and capacity (Table 
6-2). This technology is relatively new to the high-current consumer market, yet these cells are 
reported to be capable o f currents comparable or in excess o f their NiCd counterparts [22] and 
with a capacity approaching that o f Li-Ion or MnZn primary cells [69]. Lithium based cells have 
heritage in Mars missions including the MERs due to their thermal robustness and high capacity, 
they cannot however provide the high current requirement o f the Massiva Mission [70][71]. The 
data for this graph was derived from a number of manufacturers’ data including Panasonic [126], 
Saft [127], Sanyo [15], and Gold Peak [125].
NiMH Cells AA A C D
Max. Current / A 5 9 45 45
Mass / g 26 38 62 170
Capacity/AH rs 1.5 2.5 3 8
Table 6-2 NiMH Cell Properties (4 Sizes)
The table above demonstrates that the current capability of a cell is not a linear function o f mass. 
Each cell is designed specifically for an application, and generally these cells are not expected to 
deliver very high currents. The larger cells are often used for radio-controlled models and power 
tools and are geared more towards high current drain than the smaller cells. For most applications 
capacity is more important than current, even in a cordless screwdriver application requiring high 
current, it is imperative that the device lasts as long as possible.
__ ___---- ------ AA A C D
Number in Parallel 9 5 1 1
Total Mass / g 5850 4750 1550 4250
Capacity / WHrs 391.5 362.5 87 232
Table 6-3 NiMH Battery Properties (4 Sizes)
The chart shown above in Table 6-3 shows how many strings o f each given cell must be used to 
achieve the peak current requirement, for the larger cells only a single string is used. The voltage 
was determined by the motor at 29V nominal, and since all these cells have a voltage o f 1.2V, it is 
assumed that 25 cells are required to make the minimum single string. The mass is calculated 
from this based on the number in parallel, and the capacity is then found.
The chart shows that the C-cell offers the best solution since it is the lowest mass cell which can 
support the given current. The smaller cells require additional packaging mass and the result is a
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battery with a much greater capacity than is required. Similarly the D-cell is heavier than the C- 
cell but for no additional current capability but with extra unnecessary capacity.
100
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Figure 6-14 Comparison of NiMH and NiCD “C-cells”
The comparison shown in Figure 6-14 shows that the NiCd cells can supply a higher maximum 
current, for a comparable mass. The capacity o f the NiCd however is less than half that o f the 
NiMH cell. The result is that while the NiCd cells can supply sufficient current to pow er the lift 
motors, they will struggle to achieve the capacity required for the duration o f flight. The 
proposed one-minute manoeuvre will require around 80kJ per motor (per battery as described 
here), the NiCd quoted discharge capacity to 100%DoD is around 125kJ hence the aircraft would 
ideally discharge the battery to around 65% DoD. The reality is that at such high currents, much 
o f the battery capacity is wasted through heat discharge, and it would be difficult to achieve a 
reliable system with this technology. In contrast the NiMH battery would have a capacity o f over 
31 OkJ (ideally) requiring only a 26% DoD to achieve flight. Other losses would deepen the 
discharge further, however by no means as dangerously as for the NiCd.
While the NiCd batteries have a greater peak current than the NiMH battery o f  the same cell size; 
it can be seen that the latter has a greater storage capacity. Neither the NiCd nor NiMH “A -cells” 
can perform to the requirements due to their low peak-current in both cases, the NiCd also lack 
capacity. The NiCd “C-cells” can support the current requirement but the capacity is only 
sufficient to support the mission through a very deep discharge each cycle. The NiMH has 
significantly more storage capacity and while the peak-current is lower it is still sufficient.
The voltage and current were based on an available motor; the motor could be modified to run at 
different voltages and thus currents. The effects o f  different system voltage options are now 
considered. By increasing the system voltage and hence reducing the current requires more cells.
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These must therefore be smaller and lighter to retain an equally performing system and must 
maintain comparable current densities to the alternatives. Contrastingly a lower voltage system 
will require fewer cells but with greater current capability. As discussed previously, the cell 
current capacity is not linear with mass; to enable the use o f a smaller cell would require a 
reduction in current by around a factor o f five. This current would need to be compensated for by 
voltage which would require exactly the same number o f cells as the parallel cells example shown 
previously.
The previous graphs have been based only on quoted figures to give a coarse impression o f the 
state o f technology. The internal resistance o f the cells described thus far varies considerably and 
each o f the suggested systems have individual consequences. The graph presented next in Figure 
6-15 compares the efficiency o f each battery when operating at full drain during VTOL. This 
only includes the I2R losses within the battery.
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Figure 6-15 Internal Resistance and Power Dissipation Variation with Cell Size
The power dissipated within the battery itself (heat), and the consequential drop in potential 
across the battery demands that an additional mass o f cells would be required to support the 
inefficiency by increasing the total voltage.
The only option available for powering Massiva using a rechargeable battery is to use NiM H “C” 
cells. Smaller or Larger cells are simply too heavy to meet the very limited mass constraints. 
Other technologies were considered such as lithium derivatives, fuel cells etc, but in each case the 
limiting factor is current. Various types o f lithium cell are able to deliver the energy required, but 
not in such a short space o f time as demanded by the lift engines. If  an alternative method o f 
landing/ taking-off was developed somehow then these technologies may be o f use, similarly if  
the aircraft were not to land at all such as Ares.
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A block diagram of the proposed power system is shown below in Figure 6-16, the battery is 
composed of 50 NiMH “C” cells, the total mass of which are 3.1kg. The motor current is 
regulated by a high efficiency motor controller which is fed by an unregulated supply direct from 
the battery, this minimises any losses which will otherwise be introduced into the high-current 
path. The battery is charged by the solar array through a battery charge regulator, this will enable 
the battery to be optimally charged and is essential since the battery will fail prematurely if  it is 
over- or under-charged on a regular basis. It is intended that forward flight will be achieved using 
power directly from the solar array; however this may be impractical during tight banking 
manoeuvres or low level flight in mountainous areas when a shadow may fall across the array. 
For this purpose the battery can also be used to power the forward motor. The battery discharge 
regulator will provide a regulated supply for the aircraft systems, these include the OBC, payload, 
control servos, etc. which must be protected from the potentially high transients generated by the 
lift engines during operation.
Solar array Left 
Wing
Solar array 
Right Wing
Lift
Motor
Lift
Motor
BDR
BCR
Motor
Controller
Forward
Propulsion
NiMH
Battery
Massiva Low 
Power Regulated 
Systems Bus
Figure 6-16 Proposed Massiva Power System Overview
6.2.4 Inefficiencies
The inefficiencies in the “power system” must include all aspects o f transmission o f power from 
the Sun to the VTOL motors (these have the largest impact as seen earlier). The inefficiencies 
may be considered separately under the following subheadings; solar, battery, transmission, 
regulation, and electromagnetic conversion.
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Reductions in the power from solar array are due to both internal and external effects. The 
change in season and hence Sun angle and distance (Mars has an elliptical orbit), the time of day, 
and the dust loading in the atmosphere all have an external effect on the incident illumination. 
The effect o f internal resistance within the solar cells can also vary with temperature; generally 
this is a positive effect on Mars enabling increased output from the array.
The internal resistance of the battery causes energy to be dissipated as heat during charge or 
discharge, but also enables slow self-discharge over a period o f time, the former effect is more 
apparent due to the relatively large capacity and large currents involved.
Transmission losses are due to cabling runs around the vehicle, the most noticeable being the high 
current paths to and from the motors, although all cabling has some resistance. The cables to the 
motors must be made as short as is practical and of minimal resistance to minimise this loss.
Regulation of the power supply must unfortunately happen throughout; this inefficiency is due to 
the nature o f each o f the different systems which have different power requirements. The OBC 
for example will require a very smooth low voltage DC supply, in contrast to the motors which 
will run on an unregulated feed directly from the battery. The battery will be charged through a 
regulated supply from solar cells and protection circuits throughout will demand more power. A 
list of inefficiencies in the power system is shown in Table 2-1; external effects are emitted as 
they are discussed in section 3.4.
Component Efficiency (%) Comments
Battery Charge/Discharge Variable 80-90% High Current main problem
Motor Controller Up to 99% Commercially available
Motor Efficiency 90% Based on Aveox 32/015
Charge Regulation 95% Appl. to charging current
Discharge Regulation 95% All non-motor systems
Table 6-4 Power System Inefficiency [124] [120]
All inefficiencies not mentioned above are considered to be essential to the individual 
requirements of the sub-system in question, e.g. special regulation within the communications 
system for RF power is considered as necessary and is included in the power budget for that 
system.
6.2.5 Experimental Work Aims
The figures published by battery manufacturers tend to be somewhat cautious; the upper current 
limit of a cell varies due to the conditions of its use over time and over-specifying this may lead to 
component failure which may be catastrophic. For this reason, an upper limit for current is often 
not quoted on commercial cells, and only guidelines are offered. Tests have been performed 
previously with varying levels o f care being taken to truly quantify the capability o f the cells, 
largely within the radio controlled model hobbyists’ community which is the driving force behind
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their development. Testing was thus necessary to determine the true capability o f the chosen cells 
to perform in the scenario for which they were intended. Figures have recently been released by 
the manufacturers as confidence in this technology is growing which confirm that NiMH can 
indeed supply the required current for this mission (-45 A) [ 125][ 126][ 127].
The aims of the testing were considered to be valid however and are as follows:
• Determine the battery’s capability to deliver the required current.
• Determine the effects on battery capacity caused by drawing this current.
• Define the power dissipated in the battery during the high current drain.
• Reconstruct the efficiency of components based on available data.
To achieve the objectives stated above, the following tests should be performed respectively:
• Shunt the battery with a suitable load such that it can achieve the output current, if 
possible, and measure the current.
• Following a high current drain from the battery, continue to discharge the battery at a 
small known rate until cut-off to ascertain the remaining power available and hence its 
total energy capacity when exposed to these conditions.
• Measure the cell voltage before, during, and after, short high current tests to calculate the 
internal resistance o f the battery and hence the power dissipated as heat during high 
current applications.
• Battery, motor-controller, and motor/propeller combination can be assessed using 
measured current and anemometer data.
6.2.6 Experimental Procedure
Firstly the battery must be selected and assembled to provide a representative source to test. Due 
to availability and cost, it was decided to perform the tests on only one type of cell, this was the 
GP3300 (GP330SCH) manufactured by Gold Peak [125] (Figure 6-17). This sub-C cell appeared 
to be the favoured NiMH cell in the model aircraft market for its high current capability.
The battery was constructed from a total o f twenty such cells in series; these were connected as 
two smaller batteries of ten cells each using the welded tags provided to avoid unnecessary heat 
damage to the safety venting system, this may be required if  the cells overheat during the tests.
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Figure 6-17 Battery of 10 NiMH Ceils
A suitable load was considered and the bmshless-DC motor suggested for the Massiva lift engines 
was procured (Aveox 36/30/2 with a 12:1 gearbox) (Figure 6-18). This was selected over an 
electronic load for several reasons; the electronic loads available were incapable o f the current 
requirements, and the motor had the benefit that it would also simulate an inductive load, and the 
physical air flow parameters could be monitored. The motor was required to provide a suitable 
electrical load and thus a mechanical load had to be appended to the motor for this purpose (the 
motor alone requiring very little power to turn). A suitable model aircraft propeller (18x8) was 
purchased and fitted to the motor using a custom interface which was made in house. Note that 
this propeller is very different to the 1.2m diameter rotor for use on Mars since the atmosphere 
here on Earth is much more dense (-140  times).
fe Aveox 
9
Figure 6-18 Aveox 36/30/2 Brushless DC Motor
Before the battery could be connected to the motor to perform the high-current testing, the battery 
had to be charged and characterised. This involved a series o f charge-discharge cycles as outlined 
in the table below in Table 6-5.
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Procedure Comments
Charge at C/10 (330mA) No damage if  overcharged at this rate hence can be left alone
Discharge at 1C (3.3A) Highest Tow-rate’ discharge rate. Fast perform manually
Repeat above cycle 4 times
Charge at 1C (3.3A) Realistic upper limit charge rate at Mars
Discharge at 1C (3.3A) Maintain comparability with previous cycles
Repeat above cycle twice
Table 6-5 Battery Cycling Procedure
Each battery (10 cells) was charged individually using a constant current source, and discharged 
using a programmable electronic load. The constant current supply was set to supply the relevant 
current (330mA or 3.3A depending on the cycle). The battery was connected to the supply via an 
ammeter and the output o f the supply was switched on. The current to the battery was observed to 
ensure it was charging at the correct rate and the battery voltage was also monitored (this can be 
done using a separate voltmeter across the battery terminals).
The recommended criteria signalling the end o f the charge phase are as follows (Table 6-6):
Criterion Comments
-AV = 0-5mV Cell voltage has reached its peak and begins to drop
dT/dt = 0.8-1.07minute Temperature rises sharply
Temperature = 40-45° Temperature exceeds operating range
Timed 105% nominal input Duration o f input at given current exceeded
V = 1.5 V____________________ Cell voltage 1.5 V (Value only valid for C/10 charging)________
Table 6-6 Battery Charge Cut-off Criteria
The end of the discharge phase is signalled by a sharp fall in battery voltage which below 1.1V 
(per cell) continues to decay extremely quickly and once this value is reached, no more useful 
power remains in the battery; for this reason 1.1V was used as a lower cut-off value.
Once the initial cycling was complete the two batteries were connected in series to form the 
battery which would be used in the main tests, this was then fully charged as a whole at 1C 
(3.3A). The motor was tested briefly using a separate power source to ensure smooth operation 
within the expected constraints (it turned in the correct direction and with no apparent oscillation 
or undue noise).
The Aveox motor was coupled to the battery using the Aveox motor-controller (Figure 6-20) for 
maximum reliability and efficiency as it is specifically designed for these motors. The controller 
takes a control input from a standard radio interface which requires a radio transmitter and 
receiver package to be used -  this can be avoided using either a custom interface or a PC based 
simulator, although in this case a radio controller package was used to simplify the trial.
With the fully charged battery, motor, and controller all connected together, the controller was 
now set to provide full power for one minute. During this time the current and voltage at the
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battery was measured, and the airflow through the rotor was also monitored. A diagram o f  the 
test setup is shown below in Figure 6-19.
Battery
Radio
Rx
Motor
Controller
Motor / 
Rotor Test 
Platform
Figure 6-19 Battery Test Arrangement
Following the test, the battery was discharged at 1C (3.3A) after allowing ten minutes to cool. 
The duration o f this discharge was monitored as before to ascertain the remaining charge in the 
battery and hence the impact on efficiency o f the high current drain.
The temperature o f the cells was monitored throughout the test and only general observations 
noted since it is difficult to achieve a reliable thermal interface without specialised equipment.
B—
Radio Receiver
Batteries
Motor-Controller
Figure 6-20 Battery, Motor-Controller, and Radio Receiver
6.2.7 Experimental Results
The experimental results follow from the tests outlined in the previous section. Results from the 
initial cycling o f the two 10-cell batteries now designated “A” and “B ” to distinguish them, are 
shown below in Table 6-7 and Table 6-8 respectively. Measurements were taken with an interval 
o f 30 minutes during charging at 330mA as overcharge is safe at this level, and initially 5 minute
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intervals during charge and discharge at the higher 3.3A rate, followed by continuous observation 
towards the expected value, for this reason the early data has poor resolution.
Procedure Rate (mA) Duration Invoked Cut-off Total Energy (kJ)
Charge 1 330 3 Hrs -AV 42
Discharge 1 3300 10 mins - 24
Charge 2 330 8.5 Hrs V=1.5 121
Discharge 2 3300 45 mins - 107
Charge 3 330 9.5 Hrs V=1.5 135
Discharge 3 3300 51 mins - 121
Charge 4 330 10 Hrs V=1.5 143
Discharge 4 3300 55 mins - 131
Charge 5 3300 53 Mins dT/dt 126
Discharge 5 3300 45 mins - 107
Charge 6 3300 62 mins dT/dt 147
Discharge 6 3300 55 mins - 131
Table 6-7 Results from Initial Cycling of Battery “A”
Procedure Rate (mA) Duration Invoked Cut-off Total Energy (kJ)
Charge 1 330 4 Hrs -AV 57
Discharge 1 3300 15 mins - 36
Charge 2 330 9 Hrs V=1.5 128
Discharge 2 3300 45 mins - 107
Charge 3 330 9.5 Hrs V=1.5 135
Discharge 3 3300 50 mins - 118
Charge 4 330 10 Hrs V=1.5 143
Discharge 4 3300 54 mins - 128
Charge 5 3300 56 mins dT/dt 133
Discharge 5 3300 51 mins - 121
Charge 6 3300 65 mins dT/dt 154
Discharge 6 3300 59 mins - 140
Table 6-8 Results from Initial Cycling of Battery “B”
The results shown above should be compared with the energy value specified by the manufacturer 
which is 142,560 Joules (for a ten cell battery at its nominal voltage). The values shown are 
based on the nominal voltage which is prone to change over the course of the test; this is used to 
display the data in a more tangible form than Amp-Hours.
The batteries appeared reluctant to take the full charge when new as can be seen from the first 
results above. The cut-off criterion of -A V  (the charge voltage begins to fall back) was 
considered to be unreliable since none o f the other criteria were filled. For this reason it was 
excluded as a single reason to cease charging and later cycles performed much better and 
essentially as anticipated.
Both batteries experienced a significant increase in apparent capacity during subsequent cycles. 
The batteries’ performance gradually increased during the low current tests and the discharge 
capacity attained during the fourth cycle was around 92% and 89.5% respectively o f their fully 
rated capacity.
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The last two cycles were carried out at a charge and discharge rate o f 1C (3.3A). These 
demonstrated a reduced charge capacity initially although the second cycle was significantly 
better than the first. This may be due to residual heat within the batteries which were prone to 
heating at this charge rate. Each battery was left to cool between charge and discharge since the 
temperature had suddenly increased to the peak temperature limit at the end o f the charge cycle 
(which terminated the charge). After charge at 3.3A, the batteries achieved around 89% and 91% 
discharge efficiency on the second (final) cycle at this rate. This is slightly less than the earlier 
lower rate cycle discharge efficiency (although the discharge rate remained the same).
The batteries were now connected in series to form a single battery with 20 cells in series. This 
was charged at 1C (3.3A) as before with the same cut-off criteria imposed. The charge was 
discontinued after 60 minutes as before due to the sharp elevation in temperature experienced at 
full charge. The motor was connected to the battery via the controller and set to run for one 
minute. The battery voltage and current can be seen in the chart below (Table 6-9):
Time (s) Voltage (V) C urren t (A) Flow (m s 1)
0 27.6 0 0
10 24.5 28.8 ~9
20 23.4 25.0 ~9
30 22.5 22.6 ~9
40 21.9 21.2 ~8
50 21.3 20.9 ~8
60 21.3 20.3 ~8
70 25.7 0 0
Table 6-9 First High-Current Test Results
Figure 6-21 The Motor and Rotor in Action in the Test-Bed
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The battery then took around 42 minutes to discharge down to its lower cut-off voltage at a 
discharge rate of 1C (3.3A) giving a total battery discharge energy of 232kJ and a charge- 
discharge efficiency o f 81.5%. The results above show that the battery is operating far below its 
intended current; this is due to inadequate loading from the motor. The low-cost propeller used 
was known to have insufficient pitch but it was hoped that inefficiencies in its design would lead 
to greater loading rather than less. This was not the case and the reduction in flow appears to 
have led to a reduction in current. This is compounded as the battery voltage gradually reduces 
under the heavy load causing the motor to turn slower since its speed is governed by input 
voltage. The reduced rotor speed provided less thrust as seen in the reduction in airflow (although 
these measurements were difficult to perform and also have poor resolution).
The battery was recharged as before at 1C for 62 minutes after a pause o f thirty minutes; allowing 
the battery to reach ambient temperature again. For the second test, five 24V headlight bulbs 
were used in parallel with the motor to provide .an increased current load. The bulbs, each rated at 
60W were placed in parallel directly across the battery, switched using a power relay to avoid 
sparking or poor contacts. This additional load demanded a calculated current of around 12.5A 
from the battery although this was not measured separately. The second test results are shown 
below in Table 6-10.
Time (s) Voltage (V) C urren t (A)
0 27.4 0
10 24.0 38.3
20 22.8 36.2
30 22.1 34.3
40 21.7 33.3
50 21.4 33.6
60 21.3 32.8
70 24.6 0
Table 6-10 Second High-Current Test Results
In the second test the battery took only 36 minutes to discharge down to its lower cut-off voltage 
at a discharge rate of 1C (3.3A). This showed a total discharge energy for the battery of 221kJ, 
and hence a charge-discharge efficiency of around 75%.
It can be seen from the results of this final test that the current from the battery approaches the 
Massiva requirement although it is not achieved. The additional load on the battery caused the 
voltage to drop further than previously ing again to a reduced load at the motor and hence the 
target current was not achieved.
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6.2.8 Power Summary
The low current tests showed that these cells have ample capacity for the proposed mission. The 
efficiency demonstrated between charge and discharge achieved over 90% at these low currents of 
around 1C (3.3A). The tendency to lose the capacity to be charged after a long period may only 
occur at the beginning o f the battery’s life, if  this is not the case then it must be adequately 
maintained during transport to Mars to avoid failure -  this must be explored further.
The thermal properties of the battery definitely appear to have a significant impact on the charge 
and discharge characteristics, and this will need addressing in the heavily insulated battery 
compartment. A flow of cool air over the battery may be required during high rates o f charge for 
any significant period, although the short burst of power to the motors, while heating the battery, 
had little apparent impact due to the short duration.
The motor-based high-current tests were disappointing in that the motor was unable to provide the 
anticipated load to the battery; this was due to the poor quality, undersize rotor, and the gearbox 
which was ultimately intended for the larger rotor operating at high tip-speeds around 0.9Mach. 
The consequently low current and low flow velocity offered little towards validating this system 
except that this arrangement of the electrical system was functional and appeared to work well 
otherwise.
The shunting of the battery with additional light-bulb loads was a last minute inspiration which 
showed a non-linear current and voltage from the battery during the test, the results o f which 
could not be adequately captured and represented here without further equipment and trials. What 
this appendage to the test did offer was a two-fold demonstration that firstly, the battery can 
supply almost 40A for one minute without noticeable ill effects, and secondly, it enabled the 
effect o f high current discharge in terms o f battery efficiency to be measured.
The battery can perform for the prescribed one minute of VTOL operation. The efficiency o f the 
battery at this rate is impaired (less than 75% efficient) but only with respect to that cycle and 
efficiency of subsequent low current cycles will return to nominal as this technology has “no 
memory”. This battery needs further investigation when integrated with the rest o f the power 
system, but at this stage appears to be adequate for the task proposed.
The proposed cycle of morning charging followed by flight in the early afternoon with continual 
use o f the solar arrays, and then a second charge after landing is the only way to power this 
mission electrically. The power required to perform the VTOL manoeuvres is the critical aspect 
o f the system due to the large amount o f energy and the high rate of delivery -  this cannot be 
delivered directly by any realistic solar array. A solar array is required since the mission can not 
be performed using only primary power due to the resulting mass.
78
Chapter 6: Aircraft Design
The combined system of thin-film solar array coupled with a NiMH battery is the only solution 
found to the novel problem posed by this mission. This is because of the combination of 
requirements which are summarised below (Table 6-11):
Requirement Reason
Renewable energy Total mission energy estimated 30MJ
High Current Output VTOL Manoeuvre
High Energy Capacity Night-time Heating
Low Mass Limited Aircraft Mass
Table 6-11 Requirements and Reasons for Power System
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6.3 Propulsion System
The Martian atmosphere is very thin; even around the surface altitudes at which the craft will be 
operated. To produce a reactant force in such a medium is relatively difficult and very few craft 
have attempted to operate in a comparable environment. The propulsion system consists o f two 
distinct requirements; the first being the lifting element to enable the essential vertical take-off, 
and the second being the normal propulsion during conventional flight. These sub-systems are 
considered in this section and the options available are discussed.
6.3.1 Requirements
The primary constraining factors for the propulsion systems are mass and performance. If  the 
mass of the system outweighs the performance then the craft can never be successful. The mass 
o f the entire propulsion system is initially limited to around 4 kg as previously discussed. The 
vertical system must be capable of lifting the craft from rest to a transitional altitude allowing up 
to one minute for the total manoeuvre [19]. The horizontal system must be capable o f sustained 
output for up to several hours and overcome the drag upon the craft to push it through the air at its 
nominal cruising airspeed. These requirements are collated in the table below with notes on their 
validity (Table 6-12).
Requirement Value Comments
Total Mass 4 kg Based on initial mass budget
Lift Thrust 56N Ideal hover requirement
Cmise Velocity 30ms'1 Initial flight speed from brief
Power Minimise Must be practical
Volume Minimise For launch/entiy limits in brief
Table 6-12 Propulsion Requirements
The power requirement of the propulsion system is a factor which cannot be reduced beyond a 
certain point; the power required to lift the craft from the surface is thus a requirement on the 
power system and is not constrained here, except to find a reasonable minimum solution. The 
volume of the system is also constrained by its primary requirements; it must first demonstrate 
adequate performance before imposing a volume limitation. The propulsion system must be o f a 
practical design which can be launched from Earth using a relatively standard rocket, the 
volumetric constraints must therefore be considered.
As the Massiva project is aimed at several science payloads, it is conceivable that emissions from 
chemical engines may introduce foreign pollutants into some such payload instrument; probably 
during descent onto the surface where any exhaust would be caught in the downdraught and
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consequently impinge upon the very material which is the target o f study. Pollutants must 
therefore be considered during engine selection.
The parts of the system will be exposed to the Martian environment and must function adequately 
at such extremes. Heat is likely to be a side effect o f converting to mechanical energy and the 
enclosure of motors etc must be considered to avoid extreme temperatures.
6.3.2 A Combined System
Well-known successful fixed-wing VTOL aircraft include the Harrier [116], and various Bell- 
Augusta aircraft; most recently the BA609 [98]. The common feature between them is that they 
make use of vectored thrust during all phases of the flight. The tilt-rotor for example uses the 
rotor to lift itself vertically and then gradually swings the rotor through ninety degrees to power 
the craft in normal flight. The harrier performs a comparable manoeuvre with its gimballed 
exhausts.
A dual system appears to have benefits such as reduced mass as the engine and rotor is shared 
between both systems. It also has the penalty of complexity due to the added flexibility of the 
system to cope with very different requirements.
If  the required thrust for VTOL is taken to be 60N, and a figure of 2N is considered to propel the 
aircraft in conventional flight; it can be seen that the variation in thrust requirement is 
considerable. If  a 2m rotor is now considered as an example case, the ideal power required for 
VTOL would be 1570W (from Section 3.3) and for forward flight would be about 10W. Since 
both require a comparable pitch speed the rotor could avoid being o f variable pitch, the motor 
however would be operating far from its peak efficiency since for the latter case only a fraction o f 
the current would be required.
The tilting mechanism would require a servo system and relevant moving parts which would add 
to the complexity of the aircraft. The rotor(s) would be mounted high on the aircraft to enhance 
stability and would suffer from loss of lift due to shadowing of the rotor disk; this has been 
overcome in the past by tilting the entire wing or mounting the rotors between the wing and tail.
The decision to utilise a flying wing approach is discussed in subsequent sections, however, the 
use of such a system places the centre of mass close to the centre line of the wing (depending on 
geometry) and therefore the lift rotor must be centred upon this point. If  a tilt rotor was 
implemented with the flying wing configuration, it would be greatly shadowed since it must 
reside close to the fuselage centreline (the wings being so swept that tip mounted rotors would be 
too far aft from the centre o f mass). The second problem with this configuration is the “messy” 
resulting airflow over the wing/fuselage. Since the rotors are vectored for VTOL thrust 
(downwards) and above the aircraft, they must swing forwards to produce a suitable thrust to
81
Chapter 6: Aircraft Design
propel the craft forwards. A pusher propeller is preferable in this configuration as it has less 
effect on the wing in front of it (than a puller has on a wing behind it), and at these very low 
Reynolds numbers this is o f particular concern.
The vectored thrust system is a compromise; it can perform the two tasks required o f it but with 
some overheads. These include engine inefficiency, gimballing hardware mass, masked thrust 
inefficiency, and increased wing requirement due to ‘messy’ airflow.
To minimise wing area and forwards flight power (which must be sustainable for several hours 
whilst charging the battery), the combined option was discarded in favour of a split system. The 
benefits are; simplicity (no moving parts bar the rotor), reduced wing mass, improved efficiency 
both in power generation and shadowing, and redundancy (if the high power element fails in 
flight, the aircraft can still perform).
6.3.3 Vertical Propulsion
To achieve vertical flight the propulsion system must generate a greater thrust than the 
gravitational pull o f the planet exerted upon the vehicle. The gravitational constant on Mars is 
g=3.72 Nkg'1 [4]. The 15kg craft is thus held on the ground with 55.8N, which must be overcome 
to lift it into the air.
Thrust can be generated by several mechanisms, all reliant on a transfer o f momentum to another 
medium. The options are shown in the following table (Table 6-13).
Thrust Mechanism Heritage Comments
Solid Rocket Well understood One time only; several required for mission
Liquid/Hybrid Rocket Many available Potentially complex, relatively small solut’n
‘Jet’ Engine New in C02 Complex requirements, too new right now
Rotor Pathfinder etc Tried and tested, old solution
Ducted Fan Modified rotor Improved efficiency, bit heavier
Table 6-13 VTOL Propulsion Options [821[1121
The solid rocket option would require a series o f small rockets to be mounted on the aircraft. 
Each rocket would be ignited at a suitable time and thus enable ascent. The rocket is a relatively 
compact method of storing energy when compared to a rotor system for example. Ten take-off 
and landing cycles as laid out in the brief would require a minimum of twenty solid rockets to be 
implemented. The transition from rocket lift to horizontal flight would be harsh at burn-out, and 
descent would be somewhat uncontrolled without implementing a throttled rocket of some sort.
The liquid rocket offers a much greater degree of control as it can be varied in thrust by managing 
the flow of propellant. The mass associated with the liquid rocket is greater however with the 
expansion chamber being required to survive the entire mission, and tanks to hold sufficient 
propellant throughout. The Isp of a liquid system is generally lower than that o f a solid system.
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Using the Space Shuttle main engine as a benchmark, with an Isp of 428-seconds; the fuel 
required for the mission can be calculated as follows.
mXg
I sp  -  Specific Impulse 
F = Force exerted by rocket 
m -  Mass flow rate 
g = Gravitational constant (on Earth)
By rounding up to 60N for the required thrust, m is found to be around 38g/sec. If a one minute 
VTOL manoeuvre is assumed during both take-off and landing, and ten cycles throughout the 
mission; then approximately 45kg of propellant is required. This is re-evaluated in Appendix 3.
Carbon dioxide breathing engines have had some interest lately; based on a metallic fuel 
(magnesium for example) they are in the early stages o f development [112] and are still beyond 
operational practicality.
The rotor is a tried and tested method of propulsion, transferring momentum to the ambient 
medium to provide thrust. The heritage of rotor systems in an atmosphere comparable to Mars is 
very limited however not non-existent; the Pathfinder series of aircraft [87][88][ 105] 
[106] [107][108] for high altitude operation on Earth operate in a similar regime, and the more 
recent Zephyr-3 (as yet to be flown) designed to operate at even higher altitude. Studies have also 
been carried out in suitable facilities to simulate a rotor for Mars flight; generally intending a 
helicopter approach [77].
The mass of the rotor is relatively insignificant when compared to the engine or motor used to 
drive it. Small scale aircraft (models) tend to use composite wood or glass reinforced nylon for 
rotor material, the wood can be incredibly low mass but hardly complies with our requirements to 
introduce no foreign organic matter to Mars. The glass filled nylon rotor used for testing with the 
motor and battery was 45cm in diameter, with a mass o f less than lOOg. The ducted fan can 
potentially have better efficiency due to an improvement in tip losses.
The suggested 2.5m diameter aero-shell would limit the size o f a single piece rotor to the same 
diameter. Assuming this is the case, the power required can be found as follows [Eqn. 6.2].
F
Equation 6-1
2 pA
Equation 6-2
P = Power required 
T = Thrust (60N)
A = Rotor Area (4.9m2) 
p = Air density (13.9xl0'3kgm'3)
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The resulting power (using the same 60N for thrust) is thus 1258-watts or 75kJ per manoeuvre. 
This is the largest single piece rotor which could be flown within such limitations and thus 
represents the best case scenario.
Having eliminated all other systems except the rotor for the momentum transfer o f Massiva, an 
engine must now be considered to power the propeller(s). Several options are available; these are 
shown below in Table 6-14.
Engine Support Comments
Electric
Hydrazine Piston 
Bi-prop. Piston
Power Supply 
Fuel storage 
Fuel storage
Solar power enables endless mission potential 
Relatively simple engine and storage 
Complex pumped fuel potentially heavy
Table 6-14 VTOL Engine Options
Hydrazine can theoretically deliver the required 75kJ (2.5m rotor) using around 75g o f fuel, a 
more realistic figure of llO g is typical of small engines [110]. Small engines tend to weigh 
around 1.3 kg per kilowatt -  thus an engine of around 1.7kg would be required. This best case 
scenario is already pushing the limit of mass 3.9kg; the fuel for ten cycles (twenty manoeuvres), 
the engine, and rotor exclude a number o f other overheads which will increase this value. Fuel 
tanks, a pump, and potentially a gearbox would also be required to make this a viable option. No 
consideration has been given to the horizontal propulsion yet in this example either.
The bi-propellant engines are comparable in mass, but have the added complexity and mass o f the 
additional tanks, pumps, and associated plumbing [59].
The electric motor is the only possibility which has the benefits o f either carrying its energy 
requirement with it, or using a renewable source in the form of solar energy. Low mass electric 
motors are mass-produced for various industries and are specifically made for model aircraft, 
which have very similar requirements to Massiva [24]. Brushless DC motors are capable of 
delivering the required power to the rotor for a total mass of less than 500g, this includes a 
gearbox.
The motor can be powered in several different ways; these are discussed in the previous section 
(section 6.2). The benefit to using a solar powered rechargeable system is that the mission has no 
definite end; with stored fuel it is clearly defined.
A rotor is the only practical solution to generate thrust within the constraints. How large the rotor 
should be and how many is the topic o f the following discussion. A single rotor (such as a 
helicopter) is the most efficient solution; a single motor drives a single rotor which actuates over 
an area proportional to the square of its diameter. By increasing to a greater number of smaller 
rotors; the overheads such as rotor hub mass and motor casing mass increase. The rotor however 
requires less structural integrity due to its reduced length and the root o f the rotor operates more 
effectively due to the increased speed and hence Reynolds number which is limiting for a larger
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rotor in this environment (while the percentage o f rotor area operating at low speed remains 
constant due to geometry, the area reduces with rotor size and eventually is absorbed by the hub).
To remove the helicopter-like torque effect inherent in a single (or other odd numbered) rotor 
design (requiring significant yaw control) several rotor implementations were considered. These 
are overviewed in Table 6-15.
Rotor Strategy________ Positive aspects_________________ Negative aspects_________
Single rotor Minimum power solution Torque effects, packaging, low speed.
Twin rotor Control pitch or roll Increase in power due to smaller area
3-rotor Control pitch and roll Heavier than 2, power between 1 &2
2 + 1 rotor Pitch and roll control, +less pwr Mass still greater than 1 and 2
4-roto r__________ Control and poss. Redundancy Much heavier and more power________
Table 6-15 VTOL Rotor Layout Strategies
The single rotor is the optimum solution in terms of lift alone -  a small increase on rotor length 
has a large effect on area and thus power. The single rigid rotor with no variable pitch offers no 
control over pitch or roll; the large yawing moment however demands significant yaw control to 
be added which would not otherwise be required. The size of the large single rotor causes 
potential packaging issues in the aeroshell and the low angular velocity (due to limited tip 
velocity) instigates a lower Reynolds number over a greater area of the (inner) rotor.
Two rotors closely situated in the same 2.5m wide descent module dictates a maximum diameter 
o f around 1.2m. Using the method shown in equation 6.2 the total ideal power for these two 
smaller rotors can be found to be 1854-watts (an increase of nearly 50%). The benefit is that no 
additional anti-torque measure need be adopted, and control can be asserted around the vector 
normal to both the thrust vector and the centreline between the two rotors. The two rotors clearly 
demand two motors and gearboxes which indicates an increase in mass. Interestingly, the model 
aircraft market involves an envelope ranging from quite small power motors up to the kilowatt 
range. This has the effect that readily-available motors are not generally capable o f dissipating 
much beyond the initial requirement, and when pushed to do so, require larger voltages and 
currents.
To fit three rotors into the aeroshell without implementing a folding structure between them 
restricts them to a maximum of 1.16m diameter each. This equates to an actuator area o f 3.17m2 
and thus 1566-watts (only 15% less than the two rotor system but approaching 50% more mass 
due to motor, rotor, and associated wiring and structure etc.). Three rotors enable both pitch and 
roll to be controlled however through differential throttling, with no demand for an additional 
system to achieve this.
The two rotor system with an additional third smaller rotor was an attempt to assert control in the 
second dimension while minimising mass. The smaller rotor however requires more power than a 
larger one to assert the same control. This is because the actuator disk is reduced and thus the
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same volume of air must pass through it at higher speed to achieve the same momentum transfer 
in a given time. The lift component would be effectively the same as the dedicated two rotor 
system; however, the additional motor etc. would be a significant mass, in the order o f 500g 
(based on a suitably lower power motor and the experimental rotor masses).
Four rotors enable control o f pitch and roll through differential throttling as with the three rotor 
system. It is potentially viable that a control law could be implemented to also achieve yaw 
control based on differential drag and torque at different rotor speeds. The losses apparent in the 
four rotor system excluded it from further consideration.
The power demanded by the single rotor system when propeller, motor, and controller 
inefficiencies are considered is around 1750-watts. With a 40V system, a typical 1500rpm/V 
motor [124] would be running at 60krpm, and nearly 45-amps. The gearbox would have to 
reduce this by a factor o f 39:1 to reduce tip speed to around mach-0.9 and thus would require 
several stages of gearbox (of the types commercially available). Each stage o f gearbox is in the 
order o f 200g.
In contrast, one motor of the twin rotor system would require around 1300-watts when typical 
inefficiencies are added as before. With the same 45-amps supplied to the motor, a voltage of 
only 29V would be necessary, resulting in a motor speed o f 43.5krpm. The reduced rotor size 
imposes an improved, higher maximum speed o f 3550rpm, and hence a reduction o f only 12:1 (a 
single gearbox stage) is required.
6.3.4 Forward Propulsion
The forwards propulsion options vary in the same way as the VTOL propulsion. To push Massiva 
through the air will require considerably less power than for vertical takeoff; however the energy 
requirement is much greater. If  a wing span of around 7m is considered (as discussed in section 
6.5) with a frontal area of around 0.9m2; the drag can be found as follows [3]:
„  Cdp V 1S
D = ------   Equation 6-3
D -  Drag
Cd = Coefficient o f drag (0.5 -  conservative for a flying wing)
V = Velocity (Design speed 30ms'1)
S = Frontal area (0.9m2)
The drag in this example equates to less than 3N. At this speed an ideal power of about 85-watts 
is therefore necessary, assuming a rotor of around 40cm (otherwise the flow through the actuator 
disk must be unnecessarily high resulting in further inefficiency).
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This value o f 85W is considerably less than the VTOL figures of up to 2.6kW, but the sustained 
operation during the mission requires a great deal of energy. To cover at least a thousand 
kilometres during the mission at the design speed will take nearly ten hours of flying, and around 
four mega-Joules. Based on the hydrazine capability discussed earlier in this section, Massiva 
would require an additional 4 kilograms of fuel, and a very small engine which would need 
developing specifically for the application. The electric motor would be effectively off-the-shelf 
and in the order o f only 150g, the endless source o f energy (the Sun) would enable a much longer 
mission potential. In fact regardless o f the VTOL system, the electric forwards propulsion is still 
viable; with inefficiencies included, perhaps 150-watts is needed, this can be supplied by only a 
quarter of the upper wing surface covered in thin film solar cells- around 50g.
6.3.5 Propulsion Summary
The propulsion system must lift the vehicle vertically and then enable transition to horizontal 
flight. A split system entailing individual lift, and forwards flight components was selected as the 
best solution due to poorly matched components when sharing sub-systems between the two very 
different applications, and the degraded airflow over the wings resulting from a combined system.
To carry the total amount of fuel to power any chemical based engine on board the aircraft for the 
proposed mission is impractical. The high power demand of the vertical takeoff, coupled with the 
long duration operation of the main engine requires a relatively large amount o f fuel.
The only real option for renewable energy at this time is solar electricity. The brushless-DC 
electric motors required to perform both VTOL manoeuvres and conventional flight are inherently 
reliable due to the lack of moving parts and general simplicity of design. Motors are a well 
proven technology and due to high volume production are both low-cost and o f known reliability. 
The motor power is limited by battery peak current capability and as such a minimum rotor 
diameter is imposed.
The vertical lift rotors were constrained by the intended launch platform and entry vehicle design. 
Two lift rotors were selected to counter the torque effects induced into a single rotor system 
without incurring too great a mass overhead (as with the multiple rotor options). The 1.2m lift 
rotors being integrated into the fuselage allows electric cabling to be minimised, the motors and 
associated electronics to be protected from the environment and no additional drag beyond the 
wing envelope. As the VTOL rotors are not stowed in any way, they can be o f multiple bladed 
composite designs; this can improve efficiency, reliability, performance, and reduce blade 
loading.
The horizontal thrust rotor dissipates much less power than its VTOL counterpart, and as such the 
torque effects are much less. The control surfaces on the aircraft are also able to counteract this as
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with a conventional single engine aircraft. A single motor solution was suggested because it is the 
simplest and has the lowest mass. Two smaller rotors could be used with an increase in mass -  
this could provide some additional yaw control through differential throttling and possibly 
mitigate failure if  sufficient power were available.
The total mass of the three motors and gearboxes amounts to around 1.2kg based on current 
manufacturers’ data -  it is believed by the manufacturers that a mass reduction can be achieved 
through custom machining o f the casings although this is unquantified. The rotors were estimated 
to add around 400g based on the scaled mass of rotors used on other HALE aircraft; this suggests 
a total mass for the propulsion system of less than 2kg.
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6.4 Thermal System
The environment on Mars is well known for its low temperature. While in daytime the 
temperature can reach around 0°C, in the night it can drop to below -80°C. This section discusses 
the issues surrounding Massiva when exposed to low temperature, and protection for components 
which are incapable of operating in this environment.
6.4.1 Requirements
The environment in which Massiva is to operate is discussed in Chapter-4. The values discussed 
here are taken as an average range of temperatures as may be expected on the surface o f Mars 
during a typical mission.
The aircraft must generally be exposed to the elements and cannot be “hangared” during the cold 
night-time due to its long distance mission. The external components o f Massiva must therefore 
be capable of withstanding low temperatures. Internal components must be protected to maintain 
their required temperature either through heating or insulation. Any component which resides 
outside the protected areas and have a poor low-temperature tolerance must be omitted, replaced, 
moved, or will cause the mission to be non-viable or unreliable.
The following inventory of component groups demonstrates the limiting factors in terms of 
thermal design (Table 6-16), some of these components are limited by lubricant capability rather 
than the material itself, this is noted below; various lubricants are available down to Martian 
temperatures and are discussed later in this section.
Component / Group Technology Range°C Location
Wing / Fuselage Structure Carbon Composite -190 to +150 External
Wing Latches / Mechanism Titanium /  Spring-Steel Lubricant Ltd External
Landing Gear Carbon Composite -190 to +150 External
Landing Gear Mechanism Spring-Steel / Kevlar -195 to +170 Optional
Control Surfaces Carbon Composite -190 to +150 External
Control Mechanism Electric Servo, CC linkage Lubricant Ltd Optional
Lift / Fwd Rotors Carbon Composite -190 to +150 External
Lift Motors Electric DC Motor Lubricant Ltd External
Forward Motor Electric DC Motor Lubricant Ltd Optional
Solar Array Thin Film flexible CuInSe -190 to +45 [95] External
Wiring Tefzel Coated Copper -75 to +150 Both
CMOS Imagers Silicon Substrate Glass lens -40 to +85 Partial Exposure
Payload winch chord Kevlar -195 to +170 Partial Exposure
Computer PCB based mixed substrates -40 to +85 Internal
Payload Variable depending on mission -55 to +125 Partial Exposure
Battery NiMH -20 to +50 Internal
Table 6-16 Thermal Resilience of Massiva Components
As with previous Mars missions; a central warm core is required for the battery and other central 
electronics. Beyond this essential temperature-controlled inner, the majority of the vehicle can
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sustain operation at these typical Mars temperatures with no ill effects. Each o f the individual 
components has its own anomalies and these should be considered.
The material properties of the composite components (e.g. flexural rigidity, hardness, etc) vary 
with temperature and are dependent upon the matrix used to bind the carbon fibres together. 
Structural models must incorporate these effects when an optimised aircraft is completed; this 
effect may impose operating restrictions for flight to allow a warm-up period in the morning.
The wing latches are only required to operate once and residual heat from the interplanetary phase 
should still be present upon first deployment (which will happen almost immediately after landing 
and during daytime). The spring will be required to maintain tension however to keep the latch in 
the engaged position during periods of vibration. The freely moving pivot is therefore 
insignificant in relation to the material properties; which are ample.
The landing gear actuators also perform only once, deploying the gear during initial descent from 
entry. The spring can either reside at the gear-fuselage interface, or inside the fuselage using a 
Kevlar cord to actuate the leg. As the spring material has no thermal issues associated with it, the 
simplest option (the former) is proposed.
The control surface actuators involve a small geared motor transferring control to the actuator via 
either a carbon composite torsion bar, or a plastic cable. The transfer method is only o f concern at 
bearing surfaces which are liable to experience differential expansion; otherwise the material is 
very competent. The motor and gearbox however may contain a variety of materials, all in 
intimate contact and with close tolerance; care must be taken to ensure these will function reliably 
at Mars temperatures. Lubrication on all o f these external devices will be of concern, dry 
lubricants such as graphite or Teflon, or sealed systems are possible options although the short 
anticipated duration o f the mission may allow lubricants to be omitted for certain mechanisms. 
Relocating the control motors into the heated core introduces new difficulties due to the folding 
wing structure, complex linkages add to mass where simple linkages are inherently more reliable.
The lift motor/rotor combination involves a particularly challenging thermal system on its own. 
The rotor and motor must be exposed because o f its nature. In the morning the rotor will be 
initially cold along with the motor, but during take-off the motor will heat up rapidly, converting 
up to 10% of the input energy into heat (the motors are around 90% efficient). The rotor (having 
warmed slightly in the sunlight) will cool again due to forced convection over the high speed 
blades. After take-off the motor and rotor will return to equilibrium and the interface between 
them will rise in temperature. The interface between the two will be exposed to significant 
temperature changes and careful consideration must be adopted to ensure it to be capable of 
operating in this scenario.
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The forwards flight motor will also generate heat during its operation; this heat may be used by 
extending the motor shaft such that the motor may reside in the temperature controlled unit. The 
electromagnetic interference may not be desirable in the OBC however, and the relatively short 
period of daytime use will have little contribution to the total thermal management.
The wiring for the most part will have little thermal impact; however, the high power cables to the 
lift engines will cause an increase in temperature due to the finite resistance along their length. 
The peak current will be around fifty amps per motor, each having around 1.5m of 3mm diameter 
copper cable (between the centre o f the rotor and the centre battery compartment in both 
directions). Assuming the resistivity of copper to be p = 16.8nf2m, the resistance of the cable and 
hence the power dissipated within it can be found as shown in Equation 6-4:
P = I 2R = 502 X 16,8x10 Xl,S = 2500x 3.6mQ = 9W Equation 6-4
7.07x10
P = Power Dissipated in Cable fW
I = Current in Cable / 1
R = Resistance of Cable / fl
The conductor in the cable has a calculated mass o f 95g (copper density is 8920 kgm"3), and as it 
is heated by 540J during the one minute manoeuvre, it should increase in temperature as follows 
in Equation 6-5.
* Q 540 . . .At = ----------- = --------------= 14.6K  Equation 6-5
m x S Cu 95x0.39
At = Increase in Temperature of Cable /K
Q = Heat Energy/J
m = Mass of Conductor / kg
Scu -  Heat Capacity of Copper (0.39JK'1g '1)
While this is only a small increase in temperature, it is worth noting since the routing o f the cable 
past thermally sensitive components (such as payload) may have an impact with such rapid 
change (perhaps making an instrument momentarily out of calibration etc).
The imagers and payload may have individual requirements, although they are intended to 
function largely exposed to the environment. The stereo imagers on Beagle-2 had an operational 
range down to -100°C, is much colder than the recommended operating ranges o f COTS 
components, suggesting that some components will always have to be fully rated.
The computer may be designed to be capable of surviving the extreme temperatures; however, the 
heat generated by it when in operation should be put to good use by incorporating it into the 
central core. This will have two effects; firstly the computer will be kept at a temperature around
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the centre of its operational range, and secondly it will heat the battery which is the most 
susceptible device in the project.
The battery was chosen for its energy storage and high-power capability; unfortunately this has an 
overhead in terms of thermal stability. As the battery can only operate down to zero Celsius 
(although it can be stored to -20°C, it can not be charged or discharged below 0°C) it must be 
heated to above the ambient air temperature at almost all times. The extremely cold nights on 
Mars require significant insulation around the battery to avoid draining it before the morning 
(with an otherwise high heating power).
6.4.2 Thermal Model
The daily thermal cycle o f the Mars is largely predictable; an average case is presented and a 
typical temperature profile is shown below in Figure 6-22.
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Figure 6-22 Temperature Profile for Sol 194 (Viking-1)
The temperature profile for the chosen sol is close to the peak of the northern summer. Despite 
the season, the lowest night-time peak temperature is around 185K, the day-time temperature 
reaches in the order of 248K.
The state of the ambient atmosphere is a little mising since it does not entirely represent the 
temperature o f the craft. Three mechanisms for heat transfer are in operation within the Massiva- 
Mars system, these are as follows; Conduction, Convection, and Radiation.
Conduction is very small and due primarily to the landing gear on the surface -  this is a cross- 
sectional-area of around 150mm2 through the carbon fibre legs which are around a meter and a 
half in length. The secondary conductive effect is found when deploying instruments onto the
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surface -  although most do not actually make contact, and those which do are generally producing 
heat during the operation. The instruments are considered to operate at nominal Mars 
temperatures and are omitted from further consideration.
Convection to the atmosphere is a potentially significant loss of heat, although the low ambient 
pressure reduces the effect of forced convection to a minimum. Radiation is the greatest loss (and 
source) of heat in the Martian environment, the cold night sky and planet offer little thermal 
benefit, while the daytime insolation is significant.
A thermal scenario is presented using a 15cm diameter cylinder to represent the centre fuselage 
section containing the temperature controlled core. The cylinder is considered to have an 
aluminium deposition on the surface, and a 2.5cm layer o f aerogel [122] (conductivity = 
0.005W m^K'1, sheathed in aluminised Mylar to reduce radiation effects) to insulate it.
The problem of whether the temperature of the craft can be maintained at such a level that the 
batteries will survive the harsh Martian night is the focus of this exercise. The core temperature 
used in the example was 273 K (the lower limit of battery operation [15]), and the external 
temperature was taken to be 185 K as the worst-case temperature before dawn [17].
Restricting the central bay to a 30cm long section of the cylinder; the effective outer surface area 
‘A’ is 0.18 m2, although the ends could easily have better insulation than the outer walls due to the 
ample length. If the outer aluminium skin on its carbon fibre substrate is assumed to be 
isothermal and to follow the outside air temperature perfectly (185K) then a simple conduction 
equation can supply a worst-case heat loss value [121]:
_  AKAT
Cond
2 Equation 6-6
Hcond — Heat Flow (W)
A = Area of Exposure 0.18m2
K = Conductivity 0.005 W/mK
AT = Temperature Differential 88°K 
L2 = Fuselage Thickness 25mm
According to this calculation, heat is lost at a rate of 3.17W. This is by no means accurate 
however since the wall of the fuselage will never reach the outside temperature due to poor forced 
convection at such a low pressure. To show this, the convection and radiation must be explored 
and solved simultaneously for ‘T ’ in order to determine a realistic heat loss value for the craft. 
The forced convection for the example cylindrical model is found as follows; firstly the Reynolds 
and Prandtl numbers are calculated for the given dimensions and medium [118][119]:
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Red ~
Reynolds Number
Red -  Reynolds Number 
p = Atmospheric Density 
Uoo = Airspeed 
D = Diameter 
Pr = Prandtl Number 
|i = Dynamic Viscosity 
Cp = Specific Heat 
k = Thermal Conductivity
Red = 1668
pU „D
13.9x1 O'3 kg/m3 
8 m/s 
0.15m
10x1 O'6 kg/ms 
0.8xl03 J/kgK 
0.015 W/mK
Equation 6-7
Prandtl Number p - f ^ p
p' - ~
Equation 6-8
P  =0.533
These can then be used to form the three elements of the primary equation of forced convection 
for a cylinder in cross-flow [118][119]:
Element A A = 0.62R ^ P * 13 Equation 6-9
Element B B = 1 + ^ 0 4 V ' 3
1/4
Equation 6-10
Element C C =  1 +
R
\  5/8
ED
A = 20.5
282,000 
B = 1.16 C = 0.041
Equation 6-11
These three elements combine to produce the average Nusselt number based on the cylinder 
diameter [118][119]:
(A
Nusselt Number N n = 0.3 +  —
u D ,av
C 4/5 Equation 6-12
Nrj =14.0
u D ,av
Heat flow can then be determined from the following equation; this however, must be solved 
simultaneously for temperature with both the conduction and the radiation equations to determine 
the true (isothermal) skin temperature of the craft and thus its rate of heat loss.
Heat flow due to forced convection is found by [118] [119]:
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rr _ N Uc ..ATc - Mn  Com ~ -----------   Equation 6-13
NuD.av- Nusselt Number 
ATc.a= Temperature (craft-air) (K) 
k = Thermal Conductivity 0.015 W/mK
A = Area of Exposure 0.18m2
D = Diameter 0.15m
HC0nv = Heat Flow (W)
The radiation model must now be considered, the cylinder radiates to the planet and the sky, while 
the planet radiates to the craft. The emission from the cold sky was assumed to be minimal during 
the Martian night, so was omitted from the analysis. Firstly the planetary emission can be found 
by:
E Mars =  £ o T Mars Equation 6-14
EMars = 24.2Wm'2
EMars -  Radiated Power from Mars (W/m2)
a  = Stefan-Boltzmann Constant 56.7xl0"9 W/m2K4
TMars = Ave. Mars Temperature 215K
8 = Emissivity 0.2 (estimate)
The power absorbed by the craft from this planetary emission can now be found:
H in =  A (X(j) Equation 6-15
Hin =  0A4W
Hin -  Heat in (from Mars) (W)
A = Area 0.09 m2
a  = Absorptivity 0.2
(p = Incident Power (EMars)24.2 W/m2
The power emitted by the craft can be shown as follows; this needs to be solved for ‘T ’ with the 
other heat loss mechanisms.
E Craft =  s o T craft Equation 6-16
Ecraft -  Radiated Power from Craft (W/m2)
g = Stephan-Boltzmann Constant 56.7xl0‘9W/m2K4
Tcraft -  Temperature Unknown (K)
8 = Emmisivity 0.2 (approximate aluminised surface)
95
Chapter 6: Aircraft Design
The total radiated power lost by the craft can thus be found as shown in Eqn.6-17, this can be 
solved simultaneously for ‘T \
H Total =  H in -  [E Craft x  A ) Equation 6-17
H Totai -  Total Heat Loss (Radiation) ( W )
Hin -  Heat Absorbed from Mars (W)
Ecraft -  Emission from Craft (W/m2)
A = Area 0.18 m2
The three equations are now complete and solvable for temperature; the equations are repeated 
below for clarity [118][119][121]:
_  AKAT
Cond ~  j
2
N v ATcakA
j j  __  U d ,qv C &
Conv q
H Total =  H in  ~  Craft
Solving for ‘T’ shows the temperature o f the fuselage surface (assumed to be isothermal) to be 
196K. Heat lost from the craft is thus 2.772W, and is fractionally less than the figure quoted 
earlier for conduction (through the fuselage wall) alone.
To achieve this, the 200W.hr battery (specified previously for VTOL) would support 12 hours of 
exposure at a depth of discharge of less than 20%. Due to the relatively short mission duration 
this is totally acceptable. The calculations for forced convection and radiation used worst-case 
values, thus the heating power required will always be reduced. The exposure may exceed the 12 
hour period but at an elevated air temperature since these temperature extremes do not accurately 
reflect the true night-time cycle. The size restriction may also be impractical and a larger fuselage 
may be necessary. The aerogel thickness could then be increased. The heat lost through 
conduction in this simplistic model, is inversely proportional to the thickness of the insulator.
6.4.3 Passive Thermal Measures
By coating the outer surfaces of Massiva in a metallic layer, the ratio o f absorptivity to emissivity 
(a:e) can be increased such that its temperature is supported by ambient radiation, this will only be 
done for the warm central core since the majority of the surface of Massiva will be covered with 
solar cells [92]. The example used in the thermal model uses aluminium which is inferior to gold 
and the model could be improved by its use by a factor of around three. The surface texture o f the
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material has an effect on its radiative properties and an estimated value is used based on the 
general roughness o f unfinished carbon composite products.
The insulation discussed in the model is a highly insulative aerogel initially developed by NASA 
[122]; it has a significantly lower conductivity than other traditional materials and is a key factor 
in the low heat flow from the system. By increasing the thickness o f this insulating layer, the 
conduction can be reduced proportionately -  as the heat flow is reduced and the outer temperature 
drops; so the convection effects fall away also providing a double heat saving.
The heat generated in the battery during take-off must also be considered since this highly 
insulated envelope will tend to increase in temperature rapidly. The energy released into the 
compartment may exceed 12kJ, enough to raise the battery temperature by over 20K in one 
minute, this should not be a problem as other structure and equipment will add to the thermal load 
and the battery should function adequately up to +50°C. If it is found that the efficiency o f the 
battery will degrade with time, causing increased heating effects during discharge; then some 
method of venting the compartment may be adopted.
6.4.4 Active Measures
The heated core must have a source o f heat during cold periods (the night), while heating effects 
from general electronic systems will heat the unit while active, they must be supplemented by 
dedicated heaters to maintain local temperatures. Resistive loads are very small and practical, 
surface mount devices are available which can dissipate fractions of a watt. In this way an array 
o f individually controlled devices can be distributed among the heated core to overcome non­
uniformities in heat flow.
Cooling devices may be necessary during the VTOL manoeuvres. A forced air system could be 
adopted by opening a vent to bleed cold air from the lift rotors into the compartment; the 
mechanical device could however produce a single point failure which would terminate the 
mission (the battery would freeze or cook if  it failed to operate in either mode).
6.4.5 Thermal Strategy summary
The aircraft is volume-hungry since it requires a great deal o f wing for a very small mass due to 
the ambient density. Ample insulation can be adopted to maintain the temperature o f critical 
components, which then require only a very small amount of heating power. By implementing a 
solar absorption technique on the outer surface o f the central warm core; a practical thermal 
system can be implemented.
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The majority of the aircraft components will operate at nominal Martian temperatures; the 
materials and components for such systems to operate at these low temperatures are readily 
available. Most o f the electronic devices will be within the structure o f the aircraft which while 
not significantly insulated, will allow some degree o f protection, the payload may also be 
retracted during the night to minimise both exposure and dust.
Mechanical devices (motors, gearboxes, etc.) will be prone to differential expansion and 
conventional lubricants must be avoided at the low pressures and temperatures on Mars. Teflon, 
Graphite, and several liquid low-temperature lubricants are available. Some o f the components 
which are not under extreme load may avoid lubrication entirely; benefiting from the short 
mission duration.
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6.5 Structural Design
The initial brief was to demonstrate the viability o f a low-mass, Mars air vehicle. The mass of 
every system on board can be ascertained, either through comparison or calculation. The 
structure o f the aircraft is very complex however, and while comparison and estimations can be 
offered, only the finalisation o f a design and the implementation o f it can demonstrate its 
capability absolutely. A highly sophisticated CAD model would support the project however time 
and resources limit this. The design presented is not suggested to be an optimum one; it is purely 
used as a starting point from which to work towards demonstrating the viability of the proposed 
vehicle.
The structure is considered separately in the two significant sections; wings and fuselage. The 
wing layout is based on a common flying wing format and consists o f a tapered swept wing on 
each side of the aircraft, the wing-tip being sufficiently washed out to produce a positive 
coefficient of moment which enables the aircraft to fly stably. The fuselage has a similar cross 
section to the wing; however it is modified to incorporate the VTOL lift motors and associated 
hardware. The fuselage offers limited lift during conventional flight due to the large rotor 
apertures, and follows the low profile of the wings to minimise unnecessary drag.
6.5.1 Requirements
The structure of Massiva must be very light-weight. The initial mass budget allows only 4 kg for 
structure. The area of wing required to lift the 15kg craft flying at 30ms'1 (based on a high lift 
C l= 1 . 5  wing) is around 6.2m2 (Equation 3-7). The aircraft must be designed such that it can stow 
into a suitable aeroshell for descent into the Martian atmosphere. Sufficient control must be 
asserted such that Massiva can fly competently in a typical day on Mars. Landing gear must be 
considered, and must be capable of absorbing impact of an emergency landing without failure.
6.5.2 Aircraft Designs
The balloon and helicopter concepts were discarded early due to their lack o f control or excess 
mass and poor efficiency respectively. The VTOL aircraft concept with rotors rather than rockets 
etc. is now considered.
A traditional tilt-rotor aircraft such as the Bell-Agusta 609 [98] was initially considered. The 
primary feature of this design is that the wing-tip mounted rotors are heavily shadowed by the 
wing. If a 6:1 aspect ratio is considered and a uniform section wing is used; the 1.2m rotor (with
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an actuating area o f 1.13m2) would be shadowed by almost 50%. This is clearly a huge impact on 
thrust, this is not the case with the Earth based variant so why so when operating on Mars? The 
answer is simply that the wing required for a Mars aircraft requires around sixty times the area for 
an otherwise comparable craft due to the different environment. While the low speed wing is 
relatively large for the given mass o f the craft, the rotors must be restricted to fit into the entry 
vehicle and are thus relatively small. The BA609 [98] has a 26ft (around 7.9m) diameter rotor on 
each wing-tip; the wing chord being only approximately one quarter o f this. To counteract this 
shadowing o f the thrust actuating area on Massiva; the rotor would need to be increased in 
diameter by around 30% while retaining the same power output but at a lower shaft speed to avoid 
supersonic blade tips.
Large Massiva Wing leads to 
Rotor Shadowing.
Figure 6-23
BA609 for comparison; Rotor 
can be larger.
Comparison of Rotor Shadowing by Wing
The wing loading on Mars is very small due to the low ambient pressure. The total 15kg craft 
with a 6.2m2 wing area has a design wing loading o f 9Nm '2. The total moment through a 15% 
thick wing at the root, generated through equilibrium-state lift (assuming a 6m uniform span) is 
found by the double integral along the wing for lift with respect to length as shown in Equation 6- 
19.
^ U  9 x 6 .2
Fu —-----= -------------=  9 3 N m  Equation 6-18
L 6
Fu = Lift per unit length along the wing
X = Wing loading per unit area
A = Wing Area
L = Wing span
rr 9 .3 / 2
J j Fdl =  —- — == 4 .6 5 /2 Equation 6-19
(Since the wing is uniform; the solution is simple)
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The moment at the wing root for each 3m wing is thus 41.85Nm (4.65 x 3 x 3 = 41.85). This 
equates to a force of around 280N exerted along the vertical extremes of the wing-spar (extension 
on the lower) assuming a 15% wing thickness of 15.5cm, this is shown in Figure 6-24.
Lift
u  m  m  r\__________
Extension in Spar (280N) \ J
Figure 6-24 Lift force transferred to spar
If the same wing is now considered with the motor discussed previously mounted upon its tip, and 
hence the associated mass being transferred from the fuselage to the wing-tip, the steady state 
wing loading is now modified in a positive way since a downward moment o f 5.6Nm is added to 
the (reduced) upwards value o f 38.5Nm. The total upward moment is therefore only 33Nm or a 
force of only 220N upon the spar walls (a 21% reduction).
During VTOL the situation is a little different though; the lift is all generated by the wing-tip 
rotors and the craft suspended through the wings. In this scenario the moment applied at the wing 
root is nearly 84Nm and thus around 560N extension in the lower member o f the spar. Similarly 
during landing, the increased moment due to the significant mass of the motor on the wing-tip 
with relation to the wing mass (the total structure only weighing around 4kg) would also cause an 
increase in structural requirements.
As the total mass of the structural element of the aircraft is very constrained, the optimum solution 
must be sought before attempting to quantify its mass and thus demonstrate its viability. To bring 
the lift rotors inboard requires one of two solutions; the wings must be positioned to clear the 
rotors, or the rotors must be positioned to clear the wings.
Assuming that Massiva has a fixed centre of mass, it follows that its centre o f lift must be very 
close to it (otherwise the resulting moment will cause it to crash!). There are several solutions to 
this requirement and the three are listed below.
Wing Format Rotor Format Comments
Conventional monoplane
Two wings; one fore and one aft 
replacing tail.
Conventional mono but with 
wide fuselage containing rotors.
One fore, one aft of wing, 
built into fuselage 
Each side of mid-fuselage
Side by side along centre of 
lift line
Aircraft is long, stowage issues, 
messy flow.
Messy flow over aft wing, wings 
smaller, more lossy.
Short but wide aircraft, stowage 
issues.
Table 6-17 Wing/Rotor Layout options for Massiva
The stowing of all o f these formats is problematic; with the long and wide fuselage required by 
the conventional monoplane, folding at three places would need to occur as a minimum solution, 
the tail would need to hinge upwards along with both wings. By switching to two separate wings
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(one fore and one aft), the total area can be achieved with a much shorter and narrower wing in 
each case; folding is improved as they can lie almost flat upon themselves. The lift rotors 
protruding into the airflow prior to the trailing wing could be reduced by raising them; however 
the airflow during ascent could rob the whole rear wing of any valuable lift. The two rotors side- 
by-side along the centre of lift would centre them around the 25% chord line (from leading edge) 
so that they were both the full width of the aeroshell alone and protruding forwards. The wings 
would have to fold into a triangle or use several folds which would be costly in terms of mass, the 
tail would have to be folded in two also.
The proposed solution is a combination of the three solutions discussed above; the side-by-side 
format is retained, and a tailless design is implemented to confine the large features into one 
dimension. The rotors are built into the fuselage to improve flow, integrity, and to minimise 
structure.
6.5.3 Flying Wing Design
The tailless aircraft or flying wing has several benefits which are not always of value in the 
conventional aircraft industry. The simplicity of the shape makes it efficient in forward flight (a 
20% improvement over conventional craft can be attained), with no fuselage or tail structure to 
incur drag [80] (a vertical stabiliser is in fact used in the proposed design). The higher Reynolds 
number due to the longer chord can improve performance, and lighter wings can be made because 
of the increased section depth. The low radar reflection due to the reduction in sharp interfaces 
between components made it a useful military aircraft, but the lack o f windows and the large 
vehicle required to achieve sufficient height to carry passengers routinely has kept it from the 
commercial marketplace despite proposals [80]. Most o f these benefits have driven previously 
proposed Mars aircraft designs which have all been essentially flying wings, often with some 
unique characteristics; these range from 20kg up to over 100kg but all of them are single use 
aircraft and are incapable o f multiple surface samples [76].
The layout chosen for Massiva was based on a taper and sweep ratio which is relatively common 
in the radio-controlled model arena [83]. This flying wing design is used by amateur modellers 
using very low grade materials and equipment, yet an operational aircraft is the result; the 
conclusion being that this is a relatively stable design. The centre of lift is around 75% of the root 
chord from the leading edge, this means that instead of the rotors protruding forwards, they now 
protrude aft slightly into the region between the two wings as seen below in Figure 6-25, a 
forward appendage on the flying wing is liable to increase the coefficient o f moment further [80] 
so this rearward shift is a welcome one.
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-8.5m
Spar
Ribs
Figure 6-25 Wing Layout of Massiva
The figure above demonstrates the simplicity o f a flying wing concept, although it says little 
about the stability and control of the same. To achieve longitudinal stability, a conventional 
aircraft is designed with a wing which has a negative coefficient o f moment such that it tends to 
pitch down. Given an irregularity in airflow over the wing, increasing its angle o f attack and thus 
lift; the wing will tend to correct itself by pitching downward -  the tail volume being sufficient 
that under normal conditions it counters the wing’s moment to achieve level flight [3].
The flying wing has no such tail and must rely either on a wing with a positive moment 
coefficient or a tip section on each wing which is washed out to provide the positive moment [80]. 
The Aerovironment Helios HALE aircraft development series [ 105][ 106][ 107] [ 108] used a 
parallel wing section with a positive moment up to over 15,000 metres, while many more 
conventional aircraft have employed swept tapered wings with wash-out, following the early 
success of aircraft such as the Horten IV [116].
Various low-Reynolds number experiments have been performed in the past, some towards Mars 
aircraft and others for Earth UAV development, all suggest that this range o f operation is difficult 
but within the range o f the technology available to avoid flow separation [78][86]. A particular 
area of interest is in the high speed, low Reynolds area which is the area o f importance for the 
rotors of Massiva [79].
The wing requires a structural spar running along its length, in a conventional aircraft this is 
usually a box-section which is made from aluminium alloy or more recently composite materials. 
The only aircrafts available for comparison with operation at very low pressure are the Helios and 
Pathfinder projects [105][106][107][108] and Zephyr-3. Very little data is available for the latter, 
so Helios and its fore-runners were used as a basis for several aspects of Massiva. Helios is an 
unmanned prototype solar powered flying-wing designed to fly at around thirty thousand metres 
altitude (100,000 feet). The wing which is Helios has no sweep or taper, the wing surface is a thin 
transparent plastic film which supports solar cells on the upper surface. A series o f “pods” hang 
beneath the wing, these contain landing gear, communications, instruments etc. and clearly affect 
the centre of mass by positioning it well beneath the wing.
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The carbon fibre composite spar used for Helios is a round tubular design and this will also be 
adopted for Massiva; a round tube can carry a greater torsional load for the same mass when 
compared to other tubular sections, although rod and truss structures may enable a thicker wall 
dimension and hence avoid buckling in extreme cases [61]. The spar for Massiva can be seen in 
Figure 6-25 around 25% from the leading edge. Because o f the wing sweep and the size o f the 
rotors, the centre o f mass is in such a position that the spar may run continuously across the 
fuselage without being deviated by the rotors; this was initially a major concern with any o f the 
inboard rotor formats discussed earlier -  the presence of the rotor otherwise requires structure to 
be shaped around it rather than an optimal situation.
The carbon spar is the main structural element o f the proposed design, the centre section 
connecting to each wing section with a hinge which will enable it to be stowed in the aeroshell. 
Additional structure branches from the spar; this includes the wing ribs which will support the 
surface fabric and solar cells, the VTOL motor mounts, the central equipment core where the 
battery and electronics will reside, the leading edge supports, and landing gear outriggers. The 
carbon composite skeleton is shown below in Figure 6-26.
Centre Fuselage Spar
Wing Spar Sub-assembly
Central Warm CoreAluminium Hinge Plate
VTOL Motor Mount
Figure 6-26 Composite Skeleton Structure for Massiva
This simple structure is based on the Helios design but is modified for the different layout of 
Massiva with its very different requirements. The tubular spar is now tapered to support the 
tapering wing and the reduction in loading that follows from this. The sweep is introduced at the 
hinge plate interface between the wing tube and the fuselage tube; this reduces the need for a 
complex mould which would otherwise be required to implement a bend in the tube, or a 
multilayered tube to maintain strength once the comer is turned (the original weave pattern o f the 
carbon may be out o f alignment).
The centre spar section has the two motor mountings bonded to the aft face, these are o f aerofoil 
section in the vertical plane to improve their flow during VTOL manoeuvres and must be 
minimised in cross-section for this purpose. Wiring to the VTOL motors will pass along the 
cavity of these supports from the rear.
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The central core is also bonded to the rear face of the mid-spar, and will consist of a thin-walled 
tube comparable in diameter to the main spar; this will then be lined with insulation and an inner 
composite bay which will house the equipment. This bay will also support the payload arm at its 
unhinged (rear) end, the forwards motor housing on the rear of the aircraft, and the vertical tail. 
The vertical tail will be constructed in the same manner as the main wings.
Several thin mountings to shape the nose will be added, these will be minimal and no significant 
load needs to be borne by them. The wing ribs used on Helios are an aerofoil section built up 
from “T-section” composite material; these are incredibly low mass but can easily support the low 
wing loading imposed on them. This strategy is intended for use on Massiva also.
Load Bearing Component Carbon Composite lOg Landing / Max Load Strength
Main Spar 400g/m2 ~3kN ~7kN
Ribs 400g/m2 ~10N Shear -2 5 ON per edge
Main Core Tube 400g/m2 ~1.5kN ~7kN
VTOL Mounts 600g/m2 ~lkN ~10kN
Table 6-18 Estimated Load and Tensile Strength of Main Load Bearing Components [62]
The components listed in Table 6-18 are the main load carrying structural members of the aircraft. 
The estimated loads shown are based on component mass and moment and are intended to 
demonstrate the strength of the materials proposed. A lOg landing is not considered to be within 
the normal flight envelope, but this is used as an extreme scenario to easily compare each o f the 
figures directly. Under normal circumstances the wing will be loaded around a factor o f ten less, 
while the VTOL motor mounts may approach one fifth of the quoted figure during ascent.
These estimated values provide an overview of the strength of materials in the aircraft and 
component loading such that the mass for these components can be quantified.
6.5.4 Deployment System
Massiva will enter the Martian atmosphere in an entry vehicle in a stowed configuration. Just 
how it will transform from the stowed to the flight configuration is discussed in this section.
The departure from the aeroshell will begin during the early part of the parachute descent when 
the heat-shield is jettisoned. Following a sequence o f events Massiva will eventually land on the 
surface with both wings in the stowed position. The wings must now be straightened and locked 
in place. Several systems to achieve the first part of the operation are available; direct motor 
drive, indirect motor drive (hydraulic, pneumatic, etc.), spring tensioned, and explosive.
The direct drive motor would potentially require a considerable torque to open the wings, 
particularly if  Massiva landed on an inclined surface. The benefits are that several attempts could 
be made in the event of a problem, or that the motor could be used to shake dust from the wings in 
the event of heavy deposition. A long helical drive could be used thus removing the need for a
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latch. Gravity should assist the operation, so motor power could be very small and thus low mass, 
however it will add complexity, power, mass, and a control requirement to the system.
The indirect motor driven system would be pneumatic rather than hydraulic since the medium is 
readily available at the destination whereas hydraulic fluid would need to be carried onboard thus 
incurring an additional mass overhead. The benefit is the centralisation of the power source and 
within it a reduction in mass. The additional hardware required however would negate this 
saving, requiring a compressor, pipe-work, and actuators on each wing. The compressor could 
potentially be driven from the main engine on the rear o f the aircraft, however this would reduce 
efficiency during flight unless it could be disconnected after use; again this adds complexity and 
control requirements.
The explosive system can be implemented using a gas discharge to expand into a controlled area 
and by doing so deploy the wings. Gas discharge is a relatively reliable method used in 
traditional Mars airbags, and more commonly in cars. The medium often requires an excess of 
material in the form of a solid which is effectively dead mass from which the gas is derived. 
Liquid systems are perhaps more efficient although the containing hardware is still significant 
when compared to the motor drive options [92].
The tensioned spring is the simplest of systems to implement, once the wings are cut free to be 
lowered, the spring will pull them down into position. The negative feature with this system is 
that it can only be used once. It can not be used for any other purpose than operating the wings, 
and in the event o f a wing jamming or catching on a rock; the spring would be incapable o f 
overcoming the situation (unless the aircraft were moved away from it with the lift engines). The 
benefit is that a spring is very low mass; a single spring could be used along the length o f the 
centre spar section, connected to the wings using a length o f Kevlar thread. A gas spring could be 
implemented instead in the form of a small cylinder used to drive plunger actuators, this is not so 
simple as it would need a control input, but may offer more power than a simple coil spring.
The steel coil spring was selected due to the merits of low mass, simplicity, zero power, and most 
importantly no control impulse is required; the reliability of this system is o f paramount 
importance.
The wings will be supported by structure in the aeroshell to enable them to survive the launch and 
entry loads, once outside the aeroshell they are held together above the fuselage using a locking 
mechanism until after landing. To avoid excess mass once the wings are deployed the locking 
mechanism will be jettisoned as the wings are cut free. Again motor drives and gas systems could 
be used to disengage some latch, however a simple tie can be severed using an explosive Metron 
cutter. The explosive can be dual redundant to ensure operation and will cut itself free at the same
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moment; one wing will carry it away from the fuselage as it opens; depositing it on the ground 
close by.
The wings must be locked down in the flight configuration; this can be done as follows:
Adhesive can be released into the jo in t or the joint could be pre-coated with an impact adhesive to 
bond upon closure. The long interplanetary phase coupled with the extreme temperatures and low 
pressures cause a series o f problems for various adhesives. This is a very low quality method o f 
latching the wings since little control o f temperature and contaminants can be imposed either en- 
route or at the destination. Deploying adhesive from a pumped vessel at such low ambient 
temperatures, low gravity, and potentially dusty surfaces would be very difficult to model and 
also a potentially complex system and thus an unnecessary mass.
A series o f  mechanical latches can be used to lock the wing in place; locating studs would need to 
be used to support the torsional requirement as well as the bending moment in all dimensions. 
Slam-latches are common in many sectors o f  engineering, from night-latches for doors, to the 
RJ45 telephone plug. The loads discussed in the previous section are relatively small and can 
easily be supported by slam-latches. The products explored for this purpose were far from ideal 
but offered a good example; the latch is fabricated from steel and is designed to break before 
failing (Figure 6-27) [103].
All o f these systems require a suitable hinge; the hinge must be a precision device which will hold 
the wing in the correct position. A loose fitting carbon composite hinge is far from ideal in this 
instance and a bonded aluminium-honeycomb face is proposed on the end face o f both the wing 
and the fuselage. In this way, the aluminium sections can be hinged such that they fall face to 
face upon deployment, this provides two well matched and coherent surfaces upon which to 
mount locating studs, latches, etc. The aluminium hinge can then be welded or bonded to the 
interfacing plates to form a reliable, accurate, and low-mass solution.
Figure 6-27 Example of a Break-before-Fail Slam-Latch
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6.5.5 Deployable apparatus
Besides the deployment of the wings, there are two other deployable devices which must be 
considered; the landing gear, and the payload arm. The landing gear requires only a single 
operation, where the payload arm must be retracted each night. Both devices require a low- 
precision system; unlike the wings which must mate with the fuselage, the landing gear has a 
significant tolerance when deployed; the same is true for the payload although it must retract back 
into its cavity afterwards.
A pre-tensioned system is proposed for the landing gear which consists only o f a tubular carbon 
composite section. The leg section will be formed such that it will locate into a socket moulded 
into the fuselage, thus the whole hinge is formed from composite material incurring no overheads 
for interface inserts or similar. A spring mounted around the hinge will be used to deploy the leg 
once it is free, and a moulded support will cradle the leg to locate it in the down position.
A 6mm tubular section carbon composite leg of lm  in length is considered, having 80% of its 
fibres aligned along the length of the tube, the remaining 20% being cross-woven to improve the 
off-axis and shear strength. A wall thickness of 1mm is considered and the inner quarter o f the 
tube section is calculated for strength under extension to determine the landing performance (the 
composite is stronger in compression which will be applied to the outer face).
N x = txEx€T Equation 6-20
Nx = force per unit width (kNcnf1)
tx = Laminate thickness (cm)
Ex = Young’s Modulus (GPa)
St = Tension Strain allowable (%)
The Youngs modulus for the material described is around llOGPa, the allowed strain for 
extension is only 0.4%. The 1mm thick wall of the landing gear will thus be capable o f sustaining 
440kNm'1. For the 4.7mm wide section o f material this equates to around 2kN, or a direct impact 
o f Massiva (spread between three legs) of around 40g (g=9.81ms'2). This is well beyond the 
operational range of the aircraft. If  all propulsion failed at operating altitude o f 50m, ignoring any 
air resistance or forward vector, the free-fall velocity of the aircraft on impact would be only 
19.2ms'1. This impact would require a deflection in the landing gear o f around 50cm to avoid 
failure; this deflection can easily be engineered into the design.
6.5.6 Control Features
The control requirements for Massiva vary between the two modes o f flight. In conventional 
flight the pitch and roll are controlled by traditional control surfaces, yaw is controlled by drag- 
rudders mounted in the wings. During vertical flight, roll is controlled by differential thrust, pitch
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control is provided by the movement o f the centre o f mass in the same way as a hang-glider, and 
yaw control is not implemented. All control features must be very low-mass yet provide adequate 
control.
The control surfaces on conventional aircraft have carefully machined bearing surfaces to allow 
the control surface to glide smoothly across it for many years without significant wear, Massiva 
has a twenty cycle lifetime and as such longevity is not an issue. The proposed control surfaces 
and their pivots will be made from carbon composite with no interfacing hardware such as hinges 
or bearings. Aluminium, steel, or plastic hardware would require bonding, riveting or similar 
onto the composite surface and wing; this would incur a mass overhead and is not necessary. The 
moulded composite component will be formed with pivot-pins which can be machined true once 
the component has cured, these will locate into the relevant holes / slots in the wing which will 
together form a hinge.
Elevator
Integral Hinge-Pin 
to Servo Drive
Locating 
Aperture for 
Hinge Pin
Wing Section
Figure 6-28 Integrally Moulded Elevator Hinge
The elevators will reside on the wing-tips, the wing being sufficiently swept so as to provide an 
adequate pitching moment in the flying wing format. Separate ailerons will be used to control 
roll, these will be mounted inboard to minimise pitch effects and reduce roll sensitivity. These 
may also be used to promote lift at low speed during transition.
The drag-rudders will be interfaced in a similar manner, being mounted in the main spar at a 
suitable location to minimise pitch or roll effects when deployed, and to avoid unnecessary 
additional structure to support them. Placing the drag rudders fore or aft o f  the main spar would 
require additional structure to support them. Placing the drag rudders close to the fuselage 
reduces the effective moment which they may exert, while placing them at the wing-tips is liable 
to exert a pitching moment due to the wing sweep.
The differential thrust provided by the lift engines will be sufficient to enable coarse roll-control 
during VTOL, the fixed pitch rotors may cause this to be slow to react, although their low-mass 
and a robust control algorithm should minimise this.
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Pitch control can be exerted in several ways; venting compressed air, rotor pitch control, and 
additional lift motors are all relatively complex systems which require a great deal of 
development and are mass-hungry. The transfer of a given mass within the fuselage o f an aircraft 
from front to rear can provide sufficient control; the degree o f control is dependent on the mass, 
its range o f motion, and its location. The battery is chosen for this purpose since it already resides 
in the fuselage, is relatively dense, and has minimal interface to the rest o f the craft. A small 
motor will drive the battery fore and aft along the tubular cavity which is the centre-fuselage-core.
Yaw control is not provided for VTOL; yaw may be affected by smart control o f differential 
thrust and the resultant torques, but as the truly vertical component o f flight will be very short, 
and weather will be monitored prior to launch, it was removed to reduce mass.
6.5.7 Structural Design Summary
The purpose of laying out a baseline design was to demonstrate the viability o f the aircraft. The 
concept was reduced to a flying wing with inboard lift engines to maximise efficiency, minimise 
mass, and to provide a viable packing option for the aeroshell descent.
The component masses were generated based on strength of materials and expected primary 
loadings. A comparison between the Helios Prototype aircraft and a scaled version (scaled to the 
size of Massiva) and Massiva is shown below in Table 6-19.
Vehicle Helios Prototype Scaled Helios Massiva
Wingspan 75.3m 13.9m 8.5m
Wing Area 183m2 6.2m2 6.2m2
Wing Chord 2.4m 45 cm 1.36 -  0.68m
Mass 600kg 3.75kg 15kg
Weight 5886N 37N 55.8N
Table 6-19 Comparison between Helios and Massiva
By scaling the Helios aircraft to Massiva proportions, the mass of the two systems can be 
compared. Note that this is not an aerodynamic scaling exercise and only to compare material 
construction mass.
It should be noted that the scaled Helios is lighter than Massiva despite having the same area of 
wing and operating on Earth (g=9.81). The reason for this is two-fold; firstly Helios is designed 
to fly slower than Massiva (less than half the speed), and secondly the figures used are for the 
“dry” aircraft i.e. no extra payload is added but the aircraft is equipped ready to fly; payload 
varies up to 330kg or 2kg (19.6N) in the scaled version.
If the fully equipped Helios were placed on Mars it would weigh in at around 22N (5.75kg). 
Since Helios has been built to full size, it is reasonable to assume that a 5:1 scale model o f it could 
be built for a proportional mass. If this mass were increased by a factor o f two to account for any
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losses incurred due to components which could not be scaled etc. then 3.5kg would still remain 
available for the otherwise absent VTOL system. This mass comparison supports the suggested 
mass budget for Massiva.
6.6 Control and Navigation
The purpose o f this section is to briefly review the control and navigation strategy developed for 
Massiva. This offers only an overview of the systems intended for use on the vehicle, and each is 
covered in its own section where applicable in more detail.
6.6.1 Requirements
The aircraft considered thus far must take-off vertically from the surface o f the planet and fly 
conventionally at around 50m above the surface. All operations must be performed autonomously 
due to the time delay caused by radio communications between the Earth and Mars. The OBC 
must therefore have a minimum amount o f data regarding position of the vehicle with reference to 
the terrain. This information must be available in real time to enable the aircraft to correct its 
flight path accordingly. The information required by the OBC is shown below in Table 6-20:
Information Control (where applicable) Sensor
Aircraft Roll Ailerons/Differential Thrust INS or Sun/Horizon Sensor
Aircraft Pitch Elevator/Displaced Mass INS or Sun/Horizon Sensor
Aircraft Yaw Drag Rudders INS or Sun/Horizon Sensor
Height above terrain NA Active vision or Radar
Terrain slope NA Active vision or Radar
Terrain texture NA Active vision or Radar Scatterometry
Airspeed Thrust Power Hot-Wire Anemometer/Solid State
Ground Speed Directional Control Vision or Doppler Radar
Location on Planet NA INS and Triangulation from Orbit
Table 6-20 Information and Control of Massiva during Flight
6.6.2 Angular systems
The first three requirements are for angular navigational aids, this information can be acquired 
using either an internal inertial navigation system, or by relating to some reference external to the 
craft. The external system has the benefit that existing imagers may be implemented to provide 
the information and the extraction of Sun angles and horizon angle may be easily extracted in 
almost real-time. By calculating the location of the Sun and comparing it to a skyward image; 
roll, pitch and yaw can be determined with the exclusion of the angle about the Mars-Sun axis. 
This last angle can be found by horizon imagery, possibly also from the skyward image 
depending on field of view.
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The INS has the benefit that it is not reliant on local terrain which at such low altitudes may be 
very misleading, inertial systems do however have a tendency to drift over a period o f time and 
must be recalibrated regularly [117] [120]. This is due to the integration of noise over time -  the 
integration of accelerations being the core of INS operation.
6.6.3 Terrain Sensors
The second series of observations must define the location, angle, and texture of the surface to 
enable altitude correction during flight, and to determine a safe location to land. Active vision 
systems can provide this information by projecting a laser onto the surface and triangulating the 
information. A radar system is an alternative which can also provide ground speed information 
through Doppler shift measurement.
6.6.4 Navigation Summary
A radar system is proposed to measure altitude such as that used in the beagle-2 descent sequence 
[92], this would be modified to receive reflections from three antennae thus providing the angular 
information required; the system would also require modification to operate in a scatterometer 
mode to determine texture or “rockiness”. Aside from the radar addition it is proposed that all 
other measurements be taken using imagery from already resident devices on the aircraft.
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6.7 X-Plane Simulation
A large component o f  the progression to validating the concept o f a Mars VTOL aircraft involved 
the simulation o f the proposed Massiva vehicle using the software package “X-Plane-6” by 
Laminar Research [123]. The details o f the software and simulation are described in this section 
along with the aims and results o f this work.
6.7.1 X-Plane software
X-Plane is a multi-faceted package developed by Laminar Research; in its simplest application it 
can be used as a conventional flight simulator and comes equipped with models o f many common 
aircraft from a Cessna 172 to a Boeing-747 (see Figure 6-29).
Figure 6-29 Example Simulated Aircraft from X-Plane
Rather than using a performance model based on the handling o f the real aircraft, and modelling 
this to provide a realistic feel to the simulator; a model o f the aircraft’s physical parameters is 
used with an environmental model and the interaction between the physical shape o f  the aircraft 
and the medium in which it is placed is calculated. In this way any shape can be defined and the 
resulting aerodynamic forces are calculated accordingly, the output vectors can be displayed 
during flight as shown and the data can be exported.
A typical vector display is shown below in Figure 6-30, the B-24 “Liberator” used for this 
example is shown with the thrust vectors from each engine (the vector pointing forwards from 
each engine), the drag on the propellers (four-bladed lagging white vectors from each propeller), 
wing and fuselage lift (the sequence o f upward lines from the w ings’ centre o f lift), and the 
turbulent wake behind each engine spiralling out towards the ground.
Less obvious in this image are the drag and lateral force vectors present on the wings and 
fuselage; these are represented by proportionately shorter lines at the upper end o f the lift vectors
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and in the original colour output are shown in red and yellow respectively. No vectors can be 
seen on the tail from this angle as the pilot is pulling upwards out o f a dive; otherwise they would 
be included in the image. The inherent suburban scenery is also clear in this image.
Figure 6-30 The B24 “Liberator” Demonstrates part of X-Planes Vector Flight Model
The more complex application o f X-Plane is the use o f it to design aircraft; aircraft can be defined 
using a series o f parameters such as wing length, location, sweep, taper, wash-out etc. Many 
aspects o f the aircraft can be included such as control strategies; control surfaces can be linked to 
other control features such as throttle or another control surface. Engines can be added anywhere 
on the craft and with any cant, je t engines, propellers, rockets, thrusters, and various options for 
each can be incorporated into the model.
The complexity o f the instrument panel possible in X-Plane has earned the package FAA approval 
for use in training towards an airline transport certificate (ATC). The software includes numerous 
failure modes which the pilot can preset for the student to recreate all manner o f em ergency 
situations (Figure 6-31) and the resulting effects on the aircraft.
The image below is o f a simulated Boeing747 cockpit with both starboard engines on fire. The 
lights on the centre-top panel warn o f failure, the computerised multi-function display concurs. 
Failures can be set at will by the instructor, a meant time to failure can be set, or altitude and 
speed limits can be used. In this case the engines were allowed to fail following a short take-off,
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steep initial climb and then high speed level flight (the ASI still indicates almost 300 knots after 
half a minute o f failure).
Figure 6-31 Engine Failure Modelled for Training
The environment model can be modified to suit Mars, and flight on Mars can be simulated in this 
manner. The cold, thin, carbon-dioxide atmosphere can replace the warm wet air o f  Earth, and 
the gravity can be reduced to match. The Martian surface elevation and imagery is modelled 
based on previous Mars mission mapping data although the newer version-7 which is now 
available provides much higher spatial resolution based on later Mars imagery. The dusty rock- 
strewn surface is modelled loosely and conventional aircraft would get bogged down in the dust 
were it not for some thoughtfully added runways (a little artistic license on the part o f  laminar 
research).
Figure 6-32 Mars Terrain Including Runway (centre)
Aircraft and pilot limiting parameters can be added, beyond certain levels o f  acceleration (for 
example in a tight turn) the pilot will begin to black out (the periphery o f the screen darkens until
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total darkness ensues), or red-out in a negative-g turn in a similar manner. Exceeding various 
limits will cause the model to be calculated with the absence o f the associated components as they 
are assumed to have been lost, this follows for both acceleration and over-speed and is often 
limited to only the loss of wings although this is at the discretion of the designer.
6.7.2 Simulation Aims
The aims of simulating the aircraft in X-Plane were as follows:
1) Develop a 3-D visual representation o f Massiva with which to demonstrate the 
project.
2) Demonstrate that a rotor powered VTOL aircraft can perform a takeoff manoeuvre 
using the power calculated previously.
3) Demonstrate forward flight at such low Reynolds numbers with the aerofoil specified.
4) Determine a control strategy for both phases of flight based on performance 
experience of the model.
5) Understand the physical nature of the craft when in the stowed configuration and the 
effects of washout and dihedral on the wings.
6) Enhance the model based on a new 3-D perception of its operation.
A visual representation of Massiva is necessary to convey the concept to a third party, the 
communication o f the model based solely on words is clearly inadequate. Using X-Plane, the 
model can be viewed at any orientation and on any background with either a surface finish as 
defined or as a wire-frame model. It can be flown, landed, stowed into its initial configuration, or 
rotated through any angle for the purpose of demonstration.
The operation of the VTOL rotors can be verified by modelling the aerodynamic flow through the 
actuator disks o f the rotors, and demonstrating that the craft can lift itself from the ground. This 
need not be a controlled manoeuvre and is only to demonstrate adequate thrust in the thin 
medium.
Flight at such low Reynolds numbers is particularly difficult as separation bubbles are prone to 
occur, these are modelled by X-Plane based on AIAA data for the individual aerofoil sections 
defined. Demonstration o f the capacity o f the aerofoil to maintain flight in the scenario 
prescribed adds credibility to the mission which only a scaled wind tunnel test can exceed.
Controls for the aircraft have been considered based on previous flying wing format aircraft and 
the necessity to be small, light, and simple. Experience of flying the X-Plane model should either 
validate or modify the control surfaces accordingly. The VTOL controls must also be considered
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and different methods should be considered to determine the requirement for control authority in 
this mode.
The three dimensional visualisation o f Massiva will enable the stowage o f wings, landing gear 
etc, and the effects o f modifying the flight envelope can be directly compared with the impact on 
the aeroshell requirement. The location o f interfaces can also be examined with regard to 
structural needs and physical flight requirements.
The implementation of a simulation will also provide an insight into other unexpected issues 
surrounding the craft, these will be both visual and flight related and the craft should be improved 
based on these experiences. This is the closest Massiva will come to a flight test during this 
research and it should provide some valuable data.
6.7.3 Simulation details
The simulation data was input via the primary interface of X-Plane ’ s “Plane-Maker” (the 
alternative is to program a script separately) since a relatively simple model is adequate for the 
primary objectives. The model was programmed at full scale to achieve maximum comparability 
with the final vehicle.
The centre of mass for the flying wing (without the centre fuselage) was used on the assumption 
that the remaining mass would be distributed evenly about this point; the rotors and battery are the 
significant mass and the former must reside at the centre of mass to provide a suitable centre of 
thrust. The centre of thrust, centre of lift, and centre of mass are all very close (the centre o f lift is 
slightly aft hence the coefficient o f moment).
As the program was sourced from the US, all measurements are defined in imperial units; this is 
unfortunate however it has no impact on the result.
The aircraft was fabricated in a series o f steps which progressively formed the final model 
presented here. The main components are described below using their individual data taken 
directly from the X-Plane interface; these can be replicated to form the Massiva model.
The first data shown in Figure 6-33 describes the definition of the fuselage for Massiva, on the 
left is an overview of the structure while on the right are a series of half cross-sections through it 
viewed from the front. The “body radius” is defined here as 4.3feet (1.31m), this is the distance 
from the centreline to the furthest part of the fuselage to port (or starboard). In this case the 
fuselage is wide and flat with two vertical holes for the lift motors, the total length is defined 
through the locations of the cross-sections -  the foremost point is shown on the left at -1.2feet (- 
36.6cm), while the aft point is shown on the far right.
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Figure 6-33 Fuselage Entry Data
The outer edge o f the rotor duct is formed by a short section o f symmetrical aerofoil which has no 
lift during nominal flight conditions as it is mounted at its zero-lift angle o f attack against the 
fuselage. In a real model this would be moulded as one part with the rest o f  the fuselage.
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Figure 6-34 Wing Entry Data
The wing entry (Figure 6-34) carries some anomalies and these should be clarified. Firstly the 
wing “semi-length” can be seen to be 13 feet (3.96m); this measurement is defined as the length 
from the root to the tip along the line which runs 25% o f the chord-length from the leading edge. 
It is therefore not the “wing-span” since Massiva has a swept o f tapered wing.
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The original wing of 347cm or 11.4ft (semi-length) was increased to enable the washed-out tip 
without compromising the lifting surface, the new wing semi-length is thus 13ft, or 396cm. The 
wing must be modelled accurately to fulfil the third objective which is to demonstrate flight based 
on the wing area, type, and aircraft mass.
The chord is defined in two parts as the root-chord (the distance from the leading edge to the 
trailing edge at the most inboard section) and the tip-chord (the same at the most outboard 
section). This is not entirely unambiguous however since the specified chord length in either case 
is actually measured differently. The root-chord is measured parallel to the aircraft centreline, 
while the tip-chord is measured at the same angle as the sweep of the wings (despite both ends of 
the section being parallel by default). In the case of Massiva the required tip-chord is 61cm when 
measured parallel to the aircraft centreline. The angled chord-length must be calculated 
accordingly prior to input to account for the wing sweep. The new measurement is found by a 
simple trigonometric calculation and is thus 51.8cm (1.7 Feet as shown).
The sweep and dihedral angles are input, both can be set as variable if  required and relevant 
hardware must be added to the flight-deck to control these. This is a useful feature since Massiva 
can be positioned in the stowed configuration at will.
The location of the wing must be defined by its starting point on the fuselage -  this defines the 
location of the 25% chord line at the wing root and is declared in a common coordinate frame 
with the rest of the aircraft components.
The wing can be divided into discrete elements and control surfaces can be added to each element 
as required. The incidence of the wing with relation to the fuselage is also defined at this time; 
the majority of the wing has a small positive angle of attack, while the tip-sections are angled 
eleven degrees lower to provide a stabilising moment during conventional flight. The ailerons are 
shown here as residing in the mid to outer section o f the wing, and the elevators are in the 
extremely outboard (and washed-out) wing-tips. Drag rudders are used in this model to produce 
yaw control during forward flight and these also reside in the wing tips to minimise size and mass 
by maximising the yawing moment through distance rather than frontal area.
Control surfaces are defined in greater detail in Figure 6-35, the length o f the control surface is 
defined as a percentage of chord length and the angular range from nominal can be declared for 
both the upwards and downwards extent individually. Several of the controls listed in this 
example are not implemented on Massiva; no flaps or other high lift devices are currently in use, 
airbrakes are also omitted and all controls are of the simplest type. The controls that are 
implemented can be used in combination to achieve both a high lift configuration at low speed 
and to exert a braking force.
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Figure 6-35 Control Data Entry
Figure 6-36 Initial Engine Data
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The engine model must be sufficiently accurate to fulfil the second objective. The exercise here is 
to demonstrate that a given amount o f power is capable of lifting a given mass with a predefined 
area of actuation. The details of the rotor are not specified explicitly in the X-Plane interface, 
however the parameters at which they must operate are defined and a suitable rotor is calculated, 
this is acceptable as the purpose o f this test is not to demonstrate the efficiency of the rotor, but 
only the capability of the engine.
The ideal power calculated from the area o f the proposed two rotor system is 1854W, or 927W 
per rotor. When a rotor efficiency of 80% is assumed [3][23][115] each engine must produce 
1159W, or 1.55 Horsepower (746W = 1HP). The value used in the simulation was 1.5HP since 
the power to achieve equilibrium hover is actually less than the calculated figure o f 1.55HP 
because the required force was rounded-up in an earlier discussion from 55.8N to 60N to enable 
additional manoeuvring power to be considered.
The type of aircraft must be defined to allow the software to calculate accordingly, the extent of 
throttle control must also be defined. The rotors are defined as fixed pitch rather than variable to 
replicate the simple approach adopted in Massiva. The operating speed range of the engine and 
the gearbox ratios are defined here also and a spool time can be implemented to represent a slow 
start. X-Plane allows the use of jet and rocket engines also but for the final version o f Massiva all 
development hardware have been stripped; an early prototype used a rocket engine before 
demonstrating that the mission could not be fulfilled by this method of propulsion.
In the secondary engine data declaration (Figure 6-37), the engines are defined as being electric, 
which avoids any altitude effects and is more consistent with the intended platform. The number 
o f blades and direction of rotation contribute to the efficiency calculations and ensure no 
unexpected resultant torque.
The location o f the engines, propeller radius, and propeller chord are all specified here also but 
pitch is calculated within X-Plane from the engine power and design speed which must also be 
defined, this is set close to the calculated airspeed required for vertical take-off o f 30ms'1.
121
Chapter 6: A ircraft Design
Figure 6-37 Secondary Engine Data
The data described in Figure 6-38 introduces landing gear to the aircraft, this is defined by 
location and angle when retracted and deployed. The length used in this model was 1.2m for the 
longer rear legs and around 1 m for the front leg, the variation was caused by a difference in cant 
which in turn was used to improve lateral stability in landing the model -  this must be re­
evaluated for the real mission. Wheels were used in this model to reduce bouncing effects caused 
by a periodic breakdown in resolution while running X-Plane with the aircraft static on the 
ground, small forces tend to become unstable as the graphics engine struggles to support the 
heavy application. Reduction in the image resolution helps this problem and the newer version 
software is believed to have eradicated it. The landing gear defined here was retractable to aid 
observation and understanding o f stowage. The gear on the proposed vehicle will be retracted in 
transit but will be deployed by mechanical spring action upon arrival at Mars and remain in the 
extended configuration for the whole mission.
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Figure 6-38 Landing-Gear Description
The main components o f the X-Plane Massiva model have been discussed here, other subtleties o f 
the system are omitted as any practised user will set variables accordingly, based on the data 
provided throughout this thesis.
6.7.4 Achievements
The first objective was to produce a visual representation o f the concept to communicate the idea 
in a more efficient manner. This objective was met by initially modelling Massiva in X-Plane 
from a visual perspective. The model includes all o f the main structural elements but is let down 
by the poorly modelled outer fuselage, the concept is clear however. A carbon composite finish 
was applied to most o f the model, while a solar cell impression and recognition o f SSC was added 
to the upper surface. It is anticipated that some o f the outer surface will be aluminised to reduce 
heat loss during cold periods and this is excluded from the model. The visual model has served 
well in both presentations and published papers on the topic o f Massiva to demonstrate the 
proposed aircraft.
To demonstrate that the previously defined motor power could lift the 15kg craft into the air using 
the rotors specified required that the atmospheric density, applied power, and rotor configuration
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were adequately accounted for in the model. The calculated values were implemented and the 
result was a sequence o f successful although brief flights prior to crashing due to the lack of 
control. At higher altitudes (several thousand metres) the reduction in atmospheric density 
becomes such that lift can no longer be provided at full power, this is to be expected although it is 
difficult to determine a threshold between ascent, hover, and descent using this model. The model 
does however confirm the supporting mathematic relationship between thrust and density with the 
variable values used and as such has met one of the two critical objectives.
The default throttle controls in the X-Plane environment are loosely connected together; so much 
to say that it is possible to increase power to both engines accidentally when only intending to 
increase power to one engine. This is because without the expensive hardware controls package, 
it is more “user friendly” to link them in the interface so they can be controlled using the mouse. 
For this reason a separate model was defined to test the third objective which was to demonstrate 
the capability to fly at such low Reynolds numbers.
The horizontal model was essentially identical to the vertical test model however the lift engines 
were removed and replaced with a single lower-power pusher engine; control surfaces were also 
defined in this second model. Wheels were added to enable a rolling take-off and numerous 
attempts at flight were made, usually resulting in failure and aircraft modification. The section 
used for the wings was not initially as proposed (Eppler387), but was another high-lift NASA 
section; although this may be modified during later trials. Once airborne the model was capable 
of flight, and the angle o f attack was modified relative to the fuselage to increase lift during take­
off; this is not necessary for the final variant since it will take-off vertically. The washed-out 
wing tips were trimmed to improve performance and eventually the aircraft was capable o f stable 
flight. The successful flights confirmed the numerical solution presented although a lack of 
stability and control was apparent throughout. The test demonstrated that a wing o f this size can 
support a craft such as this at the airspeed proposed and around the power calculated previously. 
This in turn demonstrates that the estimated drag is approximately correct, however wind-tunnel 
testing must be extensively carried out to understand the very low Reynolds number flow and 
methods to avoid separation must be considered.
At the outset of defining the model, very little strategy for the flight control of Massiva was 
considered; the object o f this research was only to demonstrate the feasibility o f a small aircraft 
for use on Mars as discussed in the brief. Having produced a semi-functional model however, a 
control strategy was developed around the requirements of the model in flight. The horizontal 
model was first to undergo additions to control to enable the basic test to be carried out -  controls 
were required to demonstrate horizontal flight. Pitch control was implemented using elevator 
surfaces at each wing-tip based on previous aircraft configurations, and tail volume coefficient 
figures derived in this manner produced a functional system. Roll was implemented initially
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using the elevators however the loss of pitch control and the harsh response resulted in inboard 
ailerons -  this is not intended as a definitively proposed system and is only used to demonstrate 
the feasibility of the whole. The model suffered continually with yaw control issues and the 
current model uses drag rudders to master this, these may be replaced with a dual engine system 
to implement differential thrusting to achieve the same result although the drag rudders are a 
relatively simple and low-mass solution.
Control for the VTOL manoeuvre was also implemented, initially by assigning an undefined 
control torque upon each dimension o f the craft. This has the benefit that the result o f an ideal 
control system can be modelled to demonstrate the requirement and functionality. Once the 
requirement is shown to match the functionality and thus the calculated values are confirmed; a 
real control system can be implemented to attempt to meet the functionality o f the ideal system.
The dual lift-rotor system has ample power to assert roll control using differential thrust; this can 
be demonstrated by the full thrust o f one engine assuming the other is cut. The distance to the 
centre of mass is around 70cm, and the thrust is around 30N, a torque of 21Nm can therefore be 
applied although this is an extreme calculation. Adequate pitch control in contrast was asserted 
using a transfer of mass, one kilogram was used as ballast and had a maximum range o f +/-30cm. 
The pitch control was thus able to apply a maximum torque of around l.IN m . Between the 
horizontal flight system and the vertical manoeuvre control, adequate flight control was 
demonstrated. A control strategy was developed in accordance with the objectives, although this 
is by no means considered to be complete or optimal. Requirements o f the final model must be 
evaluated exhaustively and suitable control systems implemented, the controls implemented in 
this model of Massiva functioned adequately and are used as a basis for calculating mass.
The stowed configuration o f Massiva was hoped to be understood better by the use of the model. 
Limitations in the software caused the quality o f this understanding to be reduced. The stowage 
of the landing-gear was well modelled but the wings could only be folded by implementing a 
variable dihedral using the primary software interface. The location and features surrounding the 
hinging of the wings was therefore very restricted. A basic visual representation was derived 
however and this can be used as the starting point for future packaging detail, the software 
demonstrated little more than a simple trigonometric relationship which was already clear.
After flying the model for some time it is clear that the low Reynolds number is still a problem 
which must be managed in several ways which involve modifying the aircraft. Reynolds number 
can be increased by increasing the flight velocity, reducing altitude, or increasing the relative 
dimension (chord length). Since the altitude proposed is already very low, any further reduction 
is impractical. The increase in speed is viable although a longer transition will be required and 
more power during flight. Transforming Massiva into a narrower longer craft by placing the two
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lift-rotors one behind the other would enable a longer chord section to be used. Although the 
aspect ratio would be reduced, the Reynolds number would be doubled and the speed minimised. 
As drag increases with the square o f velocity, the latter option is preferable. The longer chord 
wing section would also be stiffer due to increased thickness and shorter for the same area thus 
having a dual effect on stowage -  the shorter but thicker and wider section must be considered 
since it now has a greater volume although has retained the same surface area.
The support that the X-Plane model has given to the project is considerable and has met all o f the 
original objectives with varying success. It has demonstrated that the mathematical basis for the 
outline model is valid and this adds credibility to the viability o f a surface sampling Mars aircraft.
Figure 6-39 MASSIVA
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Chapter 7
7 Atmospheric Entry
The brief asks whether an aircraft for flight above Mars is viable. Thus far discussion has related 
only to the aircraft itself with no consideration for support. This section discusses the last novel 
problem involved with sending an aircraft to Mars; if  an aircraft can be built, can it be transported 
to Mars? It is assumed that since larger and heavier payloads have been cast towards Mars that 
Massiva too could be injected into an interplanetary orbit. The launch vehicle and interplanetary 
phase need be no different in essence to the previous missions to Mars [47]. Packaging Massiva 
to enable it to be stowed into the nose of a rocket however, produces a very new volume-hungry 
scenario, very different from the high mass-density which previous missions have demanded.
7.1 Entry Requirements
Massiva is large for its mass. The current outline design of the 15kg aircraft has a total wing-span 
o f over 8m. The root chord length is 1.36m, and the wing tapers to 0.68m at the tip over its length 
of around 3.3m. The fuselage is around 2.6m across and approaching 2m nose to tail. To deliver 
Massiva as an operational aircraft in a ready-to-fly condition would require an aeroshell with a 
diameter slightly greater than its wing-span.
It is clear that Massiva must be stowed in some format; however there are many options available 
to achieve this. The recent convention to use blunted cone aero-shells such as the Pathfinder 
mission with a diameter greater than their length may be adopted [48]. Alternatively; spherical, 
lifting body, or a combinational approach could be made.
The wing length on Massiva is the primary dimension which must be reduced in order to fit it 
within a reasonably compact volume. The wing can either be folded in some way, or recent 
inflatable technology must be adopted [84] [85]. Each break or fold will add complexity while 
adding mass or degrading performance. As performance is critical to the success of the mission it 
can not be compromised. Additional mass added to the craft requires additional power and 
performance from every other component. By implementing only one hinge the span can be 
reduced to a minimum of approximately 4m, this is still greater than the suggested nose-cone 
diameter of 3m. To reduce the maximum dimension to less than 3m requires two hinges and thus 
three discrete sections. More joints can be used but each carries a mass overhead due to the
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required increase in local strength to transfer the load from the main spar to the hinge and back to 
the spar in the following section.
The deployment routine is to be carried out on the ground, in this way a stable state can be 
reached and science can be performed prior to attempting this potentially difficult task. 
Previously proposed aircraft for Mars have been forced to plan a difficult deployment in mid-air 
because they had no capacity to take-off [8][45][81 ]. Massiva has the capability to do this and so 
will take the less dynamic and hence more predictable route -  aeroshell jettison and parachute can 
be relatively well modelled on Earth, the dynamic deployment cannot as it depends on many 
variable factors. Following a deployment in the air, Massiva would still have to land to perform 
any science, deploying on the ground enables science regardless o f failure to deploy.
The ground based deployment has one significant impact on the design o f the aircraft; it must be 
able to land in the stowed configuration, and the ground must not impede deployment. It follows 
that the wings must be stowed above the landing gear, and the format considered uses the fuselage 
structure as the core, being connected to both landing gear and wings. The wings are thus folded 
above the fuselage.
The fuselage alone is 2.5m wide to accommodate two rotors (1.2m diameter each) side by side. 
The 3m aeroshell will house the fuselage and an additional 50cm o f the inboard section o f the 
wings (25cm from each). The remaining span o f 5.4m must be hinged back in two sections (two 
wings). If the wings were o f zero thickness they could lie parallel with each other along the top o f 
the fuselage, unfortunately this is not the case, with a 15% thick wing o f such a chord length, each 
wing is around 20cm thick at the root. Besides the thickness each wing is longer than the 
fuselage, so without crossing each other must be stowed in a triangle. From the front, the aircraft 
forms an approximately equal sided triangle (Figure 7-1).
Figure 7-1 Wings Folded in Stowed configuration
A reduction in dihedral at the wing tips will allow the leading edges to lie parallel at that point, 
and the whole aircraft will fit into an aeroshell o f the early Mercury mission form. The wash-out
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which is essential to the flying wing design can just be seen in Figure 7-1, note that the trailing 
edges point towards each other and if  the dihedral is not removed at the tips then the angle 
between the fuselage and wing must be increased to suit. With a 68cm chord length, and wash­
out o f eleven degrees around the centre o f lift; the wings must be separated by almost 20cm extra 
at the uppermost point. By maximising the length o f the section which runs parallel to the 
opposite stowed wing, the angle o f wing retraction can be maximised, this will produce a series o f 
wing formats which must be tested these are shown in Figure 7-2.
A A a
XV / s
Figure 7-2 Potential Wing Layouts for Massiva (stowed then flight)
The three examples shown above demonstrate the two extreme cases and one intermediate case. 
By retaining straight wings, the aeroshell must be much longer than it is wide such as the M ercury 
capsules (Figure 7-3) by introducing an angle into the wing at a suitable point, the height o f  the 
aeroshell can be reduced. The extreme case is where the two wings are hinged flat against the 
fuselage, and must have a right-angle bend in them to make the tips parallel, apart from the loss o f  
lift caused by the extreme angles involved (more wing area would be required), there is also a 
danger o f grounding the wings if  landing on rough terrain. A mild intermediate solution will be 
optimal for volume and mass and this must be determined in later studies.
^  , De-orbiting RocketMercury Capsule
Launch Escape System
Figure 7-3 Mercury Re-entry Vehicle [13]
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Figure 7-4 Impression of Proposed Entry Vehicle for Massiva
An alternative to extending the cone aft is to extend it forwards, to do this means the use o f a 
sharper cone and the inversion o f the aircraft within the shell. Since the aircraft is very low mass 
for its volume when compared to missions such as Pathfinder and Viking, this may be a 
reasonable option since the reduction in drag associated with the sharper cone should not be a 
problem due to the reduced energy it must dissipate. The sharper cone is also inherently more 
stable than a blunt cone which may be beneficial for both targeting and tracking during descent 
[50][51],
7.2 Entry Summary
It is clear that the volume required by Massiva inside the entry vehicle is large when com pared to 
the mass to volume ratios o f other interplanetary missions. When compared to a balloon mission, 
it can be seen that Massiva is rather an awkward vehicle to transport. The centre o f mass o f the 
stowed Massiva would be slightly above the widest point in the entry vehicle; this could cause an 
unstable situation to develop. Additional ballast is far from economical if  its purpose is only to 
correct the centre o f mass, although a secondary mission such as Beagle-2 could possibly be 
adopted to achieve this by fitting into the very nose o f the entry vehicle.
The shaiper nosed cone while superior in this instance, leads to a more complex descent sequence 
since Massiva would have to be turned right-way-up during parachute descent and is avoided for 
that reason.
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Previous estimates suggest that the entry vehicle will be comparable to the mass o f the payload 
itself. In the case o f Massiva however this is unlikely using conventional materials since a given 
structural integrity is required per unit area which is otherwise reduced by the low density o f the 
Massiva project. Inflatable entry vehicles and other new ablator technology are under 
development and may have a positive impact on the project [1 1][49].
A Mercury style vehicle is proposed to accommodate Massiva, this should also house a second 
mission in the heat-shield area to lower the centre o f mass to enable a stable entry.
A rocket-only descent is considered to be the only viable option to place Massiva on the ground at 
a suitable attitude and speed. This is more mass effective than an airbag system and allows a 
greater degree o f control to be asserted [48]. The secondary mission could adopt its own landing 
system, or be extended on a separate tether to separate it from the main vehicle.
Figure 7-5 Impression of Rocket Braking of Back-shell
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Chapter 8 
8 Summary
The mission concept and discussion o f alternative vehicle options is summarised here to provide a 
brief overview, including the main reasons and problems associated with the proposed mission.
8.1 Mission Summary
The mission aim is to cover over one thousand kilometres of the planets surface and most 
importantly to stop periodically to retrieve in excess o f ten physical contact data samples on the 
surface.
The novelty of this mission lies in the combination of a long range vehicle with a surface 
sampling capability. This in turn enables the operator to visit predefined sites on the Martian 
surface and take physical samples (this follows since the range of the mission is greater than its 
ellipse of uncertainty).
The benefits of this mission over the closest comparable proposed missions are several:
• A target designated prior to the mission may be physically examined as described above.
• A directly comparable cross-section of surface sample data may be retrieved from along 
the length of the flight path.
•  Very high spatial resolution multispectral imagery may be taken from along the flight 
path thus providing a continuous strip of data at sub-centimetre resolution.
• Areas of interest seen during flight may be examined physically by amending the flight 
plan accordingly.
• Mapping and sampling o f an area such as may later be covered by a manned mission is 
possible within the framework of the proposed mission.
The intention o f this mission is to provide an intermediate solution between the wide area remote 
sensing orbital platforms, and the much more local Lander and Rover systems. The imagery 
aspects of this mission can offer significant improvements over satellite imagery due to 
considerably improved proximity. Physical contact samples can provide a wealth o f data not 
accessible through remote sensing, and the extended range o f this mission enables a global level 
mechanism for retrieving this sample data.
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8.2 Vehicle Summary
The proposed vehicle “Massiva” is an all-electric, vertical take-off, flying wing, of approximately 
15kg in mass.
A powered aircraft approach was adopted because other options had various shortcomings which 
detracted from the proposed mission. The main problems with other vehicle types are as follows:
• Rover: Rate of progression too slow over Martian terrain to reach the requirement.
• Balloon: Insufficient control to follow a predefined path and enable surface sampling.
• Dirigible: Mass required by the additional systems of dirigible pushes it beyond the target 
mass window.
• Helicopter: The continuous power requirement o f a helicopter limits its range 
considerably, and the limited rotor size increases this problem.
Massiva must be an all-electric vehicle as no chemical solution could supply sufficient energy for 
the entire mission due to the vertical lift requirements imposed by the Martian surface rockiness. 
Various rocket and fuel options were considered but the only viable option is to use renewable 
solar energy. This energy must be amassed over a period and dissipated over a short interval to 
launch the vehicle, this requires a significant battery.
The electric solution required that lift rotors o f some sort must be adopted, and two counter- 
rotating 1.2m rotors were selected on the criteria o f maximum actuator area, minimum mass and 
minimum resultant torque. A single rotor could achieve superior area and mass however the 
additional control requirement negated this benefit.
The flying wing format was reached due to the following reasons:
• Reduced forwards drag compared to a conventional aircraft and hence more efficient.
• Improved stowage in the aeroshell with minimal hinged sections.
• Increased depth of aerofoil section assists structure and simplifies equipment housing.
• Structural simplicity due to lack of tail components.
• Lift rotors will disrupt flow over the tail during transition.
The vehicle design proposes a carbon-fibre structure where all components are minimised to the 
point of simplicity to reduce mass. The landing gear for example is deployed once by a sprung 
mechanism and remains in the “down” configuration throughout the mission. Flight controls are 
built with the minimum of components, and the payload is lowered on a pivoted arm rather than a 
robotic one, to both simplify and reduce mass.
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Chapter 9
9 Conclusions and Further Work
The conclusions from this research are considered separately for their individual merits with 
regard to the mission and the vehicle (Massiva). Following this conclusion, consideration of 
future work is presented from the perspective o f generating a realistic mission in a realistic 
timeframe.
9.1 Mission Conclusions
The proposed mission to Mars is novel due to the wide area o f exploration and the resolution of 
the data to be acquired. The mission intends to travel a significant distance (> 1000km) across the 
surface o f Mars, taking high spatial-resolution imagery and physical contact samples. This has 
never been done before nor is it proposed elsewhere.
The requirement for further Mars data is reflected in the many missions proposed by various 
institutions, some of which are launched towards Mars at every orbital opposition. These include 
both orbital craft and Lander/rovers.
The benefit of wide area surface sampling is demonstrable from the growing trend towards larger 
rovers with greater ranges. The progress of rovers across the surface however, is slowed by the 
difficult terrain which is particularly rocky and cratered in most areas. This limits vehicle range 
within the given lifetime of these missions, either through failure caused by the harsh environment 
or through limiting financial resources (ground support to a Mars surface mission is expensive 
due to the facilities required).
An air-vehicle is not bound to the surface terrain which means several aspects o f the harsh 
environment can be avoided. An air-vehicle can fly out o f a difficult area o f terrain rather than 
spending hours negotiating the safest route around boulders and precipices. The whole cycle o f 
progression across the planet is not restricted by any aspect of the terrain.
The data products available from the air-vehicle allow several layers o f information to be 
extracted from the mission. The physical surface samples over such an area are the main benefit 
of this mission; however the imagery taken from each site will also provide an overview o f the 
context in which these samples were taken. From the air more imagery and weather data can be 
recorded, this will provide a higher level of context within which all the previous data will reside.
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Surface sampling is essential to recovering accurate data. Remote sensing from space can achieve 
a great deal o f wide area data; however it can only be used to observe what is available to it. The 
surface sampling mission can break down material and scratch away the surface to look at what is 
beneath; it can perform chemical analysis and observe affected backscatter o f radiation, all of 
which must be done locally.
The limitation on mass in the outline for the mission was based on a low mass mission to Mars 
and a low mass vehicle in a suitable entry vehicle. The progression of the vehicle into a rigid 
body aircraft has clarified the requirement in terms o f what is achievable. The value o f a vehicle 
of this mass range is still advantageous as a secondary payload, volume must also be considered 
to be a limiting factor.
9.2 Vehicle Conclusions
The vehicle presented in this research is a flying wing aircraft with two lift rotors embedded in the 
fuselage. The carbon fibre, all electric aircraft has a mass of around 15kg and is believed to be 
capable of performing the prescribed mission.
The VTOL aircraft approach was taken due to the poor performance o f the alternative solutions 
such as a balloon or dirigible. Other powered aircraft proposals within the same mass window 
have been proposed, although these are only single flight as opposed to multiple flight aircraft 
(and hence have no VTOL, or surface sampling capability) [58].
The critical aspects of the electrical system for Massiva are relatively simple to model and this has 
supported the electric VTOL concept. The specifications available for the solar array and recently 
released data on the latest NiMH cells suggest that a power system can be made well within the 
mass constraints imposed. This is critical to the project since without this power system the 
aircraft concept has no value.
The structural components of Massiva are all considered to be o f thin walled carbon-fibre 
construction. These components can be demonstrated to be adequate in theory to support the 
primary loads on the aircraft, however such thin sections may be prone to buckling and mitigation 
could increase the structural mass considerably.
Aerodynamic performance experienced within the X-Plane environment showed that Massiva can 
fly in the proposed scenario. Massiva suffers from the very low Reynolds numbers caused by the 
low density medium and is prone to unrecoverable stalling during low speed flight or tight yawing 
turns. This could be improved by redesigning Massiva with the two lift rotors to be one behind 
the other. This would increase the wing chord dimension and hence the Reynolds number, 
although the aspect ratio would be considerably reduced.
135
Chapter 9. Conclusions
If the mass of Massiva must be increased due to the inevitable process of design and build, the 
wing area must also be increased to compensate (or the airspeed and hence power must be 
increased). Any increase in wing area will have a significant impact on entry vehicle design and 
the mass and volume of the aircraft will exceed its practicable benefit over a dirigible when an 
estimated 20% overhead is incurred.
The instrumentation considered for Massiva is in keeping with the proposed mission and offers a 
package which could return valuable data from the surface. The location and deployment o f this 
package is a low mass solution which has the benefit of being both simple and low power to 
operate.
The propulsion system outlined for use on Massiva appears to be valid and similar systems have 
been used and proposed for various HALE aircraft for use on Earth. No other system could 
provide the energy requirement due to the long range and renewable energy was the only option.
The entry vehicle required for Massiva is large for the mass of the payload. This is not an 
efficient vehicle to transport to Mars. In contrast to an inflatable balloon or dirigible where a very 
small aero-shell would be required, the Massiva entry vehicle is large.
The thermal considerations for Massiva showed that it could easily be supported on the surface 
during the cold Martian night using the power available to it. This is similarly valid to any 
comparable design o f centrally heated core such as may be used on a rover or other air vehicle for 
its core electronics and battery.
Various control system inputs are considered and these lead to supporting the VTOL UAV 
concept. Information and its implementation are essential for the aircraft to achieve attitude 
control and flight control. The VTOL aircraft is difficult to fly and this will be a major challenge 
to the project, so much so that another vehicle may prove to be a superior candidate for the 
proposed mission.
The X-Plane simulation provided a visual representation of the vehicle and enabled its flying 
characteristics to be explored to some degree. The simulation was a valuable asset to the project 
and allowed numerous modifications to the design to enable a fully functional aircraft. The mass 
o f the model and its components is only dictated by the designer who has the benefit o f infinitely 
strong materials at his disposal. The model performs well in the simulation but care must be 
taken that it is structurally capable also.
With all the information regarding the design and operation of Massiva available, it is clear that 
this vehicle is very much on the edge o f practicality. The low Reynolds number operation with 
autonomous control is a potential hazard. The thin walled structure may be adequate to achieve 
flight, but may not survive the vibration o f a rough launch. The power system operates on the
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edge of practicality and any failure will signal the end o f the mission. The volume hungry design 
is difficult to stow and requires a large aeroshell which will exceed its own mass. Autonomous 
control o f the VTOL manoeuvre is also a potentially difficult operation which would be much 
safer to avoid.
A VTOL aircraft for use on Mars such as Massiva as described in this research to perform the 
proposed mission is possible.
The additional work required to complete such an undertaking is significant and places this 
system beyond the initial intension of a relatively low-cost mission. The effort required to 
accomplish the mission using this vehicle may outweigh the benefits o f a single or even a low 
mass vehicle. A series of smaller landers or a larger vehicle may be a superior solution.
9.3 Further Work
Further work on Massiva should be focussed upon improving its structural design. The remaining 
systems have been shown to perform well although being at the limits o f their respective 
technologies. Proposed future work on the structure is shown below in Table 9-1.
Further Work Details_________________________________________________________________
Reynolds To increase the Reynolds number, either the aspect ratio must be reduced to
Number provide a longer chord, or the airspeed must be increased. Both potentially require
more power due to increased drag. This will enable to aircraft to transition more 
stably and will allow it to be more manoeuvrable.
Stowage Modifying the wing layout may also improve how the aircraft stows into the
aeroshell without increasing the number o f hinged sections which incorporate a 
mass overhead. A shorter wing-span and longer chord should improve this but it 
will always be a limiting factor for low speed aircraft for Mars.
Buckling Explore the mechanism for buckling o f thin composites and provide a low mass
solution to ensure that Massiva will not be liable to failure from this problem.
Model Fabricate a model and perform low-pressure or scaled wind-tunnel tests to qualify
and quantify Massiva’s performance in all aspects o f flight operation.
Table 9-1 Future Work on Massiva
Other work involves the continuation of the work carried out here, this should be separated into 
the individual systems and specialised study in each should be performed. A full scale model o f 
the propulsion system should be fabricated and tested in a suitable environment. A suitable 
control system must be developed and incorporated into an OBC as yet to be defined. The 
payload must also be integrated with the OBC along with the flight system.
The current state of Massiva is not proposed as a final or best solution for the proposed mission. 
Massiva is a demonstration that such a mission can be performed within the defined envelope.
137
Chapter 9. Conclusions
With this in mind an alternative course of work is also proposed which could make use of the 
lessons learned herein, and provides a somewhat different solution to the same problem.
Following on from the work surrounding the power and propulsion systems; a hovercraft solution 
is suggested. This entails none o f the risks of flying since the vehicle stays on (or very close to) 
the surface, and uses the same or similar hardware as specified for Massiva in some respects. 
Furthermore it is typically a dense vehicle which will fit well into an aeroshell for entry. The 
hovercraft is relatively efficient and is used on Earth to cross difficult terrain, often comparable to 
that of Mars. A list o f proposed work is shown below (Table 9-2):
Further
Work
Details
Power System The power system will incorporate many similar aspects to that o f Massiva and the 
power requirements should be explored. The upper surface o f  the hovercraft should 
provide a coherent surface to support a solar array (and also a higher gain uplink 
antenna which Massiva could never achieve)
Propulsion The lift and propulsion systems should be explored and modelled; this may be
possible in X-Plane as with Massiva. A prototype model will also provide an 
understanding o f capability over terrain.
Performance Quantification o f performance o f the vehicle over typical Martian terrain should be
modelled to determine the speed and range o f the vehicle at practical hover heights.
Fabrication The fabrication o f a model for testing in a low pressure chamber is ultimately the best
demonstration o f a vehicle and this should be carried out at the earliest opportunity, 
particularly since the actual design o f the vehicle is not under test -  only the lifting 
system need be tested to demonstrate functionality.
Table 9-2 Alternative Further Work
The hovercraft option fills a functional niche between the aircraft and the rover. The passively 
stable nature of the ground vehicle coupled with the freedom of the aircraft. This offers a more 
progressive approach to sampling a wide area, which will probably restrict the range o f the 
vehicle but will enable a relatively low cost approach to be achieved.
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Aircraft Drag
Certain assumptions were made early in the thesis regarding the aircraft drag with a view to 
calculating power, structural integrity and overall practicality. Since that time, the discussion o f 
the Massiva concept has evolved into a much more clearly defined vehicle. This appendix 
reconsiders the aerodynamic drag created by Massiva and draws attention to areas o f future work 
with the retrospect of this discussion.
Components of Drag
The drag on any aerodynamic body is very difficult to quantify absolutely. Certain assumptions 
must be made, and general rules applied to form a ‘best estimate’. This must then ultimately be 
enhanced using a wind tunnel model. The ideal solution is to fabricate a full scale model and 
measure the total drag directly, however the exercise here is to demonstrate the practicality o f an 
aircraft and the current design is used purely as an example.
For the purpose of the discussion here, any reference to the vertical lift rotor apertures is
excluded. These apertures may have a significant impact on drag, but the complexity o f the shape
is beyond the intention of this appendix and must be studied elsewhere.
The total aerodynamic drag upon a body may be found by the sum of the friction drag o f the skin, 
the pressure drag due to flow separation, and the induced drag due to lift. The first two 
components (friction and pressure drag) denoted Df and Dp respectively, are considered together 
as ‘parasitic drag’ which is represented here by Cd. The relationship between these values is 
shown in Equation 11-1 below:
D f +  D
Cd = -------------- — Equation 11-1
0.5 p x V S
Cd = Coefficient of parasitic drag
Df = Skin friction drag
Dp = Pressure drag
p = Air density
V = Velocity
S = reference area (wing area)
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The parasitic drag coefficient can be found from experimental data for the aerofoil in use and 
hence converted to a value for drag. The fuselage is treated as a section o f aerofoil for this 
purpose and so the area is increased accordingly. For the X-Plane model of Massiva, a NACA 
23012 aerofoil was adopted for ease of use; a drag coefficient of Cd = 0.025 is therefore used in 
these calculations as this is derived from a suitable drag polar.
Additional to the parasitic drag is the induced drag (Di), this component o f the drag is induced as a 
function o f lift -  the lift vector being aft o f the normal to the flow. The relationship to coefficient 
o f induced drag can similarly be found from Equation 11-2:
ACn { = ------------ r— Equation 11-2
• 0, 5p x V 2S
Co.i -  Coefficient of induced drag
Di = Induced drag
p = Air density
V = Velocity
S = Reference area (wing area)
Since induced drag polars for this aircraft are not available, a value must be estimated based on 
the coefficient of lift. Induced drag coefficient can be estimated from Equation 11.3 below:
C 2
Cn, = ------- ------- Equation 11-3
A 7t XexAR
CD,i -  Coefficient of induced drag
Cl -  Coefficient of Lift (1.5)
AR = Aspect ratio = Span2 / wing area (11.5)
e = Elliptical efficiency factor 0>e>l (e=l for an elliptical wing) (0.9)
The lifting area is 6.2m2 and the final wingspan is around 8.5m, producing an aspect ratio of 
around 11.5. Using a typical figure of e=0.9, the induced drag is found to be Co.i — 0.069. This 
figure assumes that the aircraft is of typical configuration and flying in a standard atmosphere at 
subsonic speeds. This is clearly not the case however since in reality the aircraft may develop a 
double-elliptical distribution due to the large apertures in the fuselage. This can not be quantified 
however without extensive further research and development.
The total drag coefficient can now be found by adding the parasitic and induced drag coefficients 
as shown here in Equation 11.4:
CD = Cd + CD t Equation 11-4
Cd = Coefficient of drag (0.094)
Cd = Coefficient o f parasitic drag (0.025)
Co,i -  Coefficient o f induced drag (0.069)
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The drag can now be found by solving the equations for drag (Equation 11.5):
Equation 11-5
2
CD = Coefficient o f drag
D = Total drag
p = Air density
V = Velocity
S = reference area (wing area) = 6.2 m'
= 0.094 
= 3.7 N
= 0.014 kgm"3 
= 30 ms"1
2
The total drag found is comparable to the original estimate shown in chapter 3. The original 
estimate was based on measured figures for drag taken from previous aircraft which were 
comparable in some essence to Massiva. The drag coefficient used previously used the forward 
area of the leading edge rather than the wing plan form as used here and thus there is a significant 
different between the two coefficients.
The original estimate resulted in a power requirement o f 123W which included both propeller and 
mechanical transmission inefficiencies. If  this figure is recalculated using the new value for drag, 
it can be seen that the power requirement will be increased to 156W. This is within the 
expectations formed by the Massiva model during flight.
The lift-to-drag ratio of almost 16:1 is considered realistic and comparable to other low speed 
aircraft currently operating in the Earth environment.
Drag Conclusions
The power required to push Massiva through the air in conventional flight is not significantly 
different to the original estimate. The drag calculated here makes further assumptions which must 
be fully clarified. The current drag estimate does not allow for the unique fuselage design, the 
deployed landing gear, and the wing arrangement which is tapered, swept, and twisted. The effect 
o f these features must be considered in detail. The limitations on total drag are further discussed 
with regard to power in Appendix 2.
A full study of the aerodynamic design for Massiva is now possible since baseline requirements 
can be formulated based on the work herein. This is essential to the progress o f the Massiva 
concept and must ultimately include the development of a low pressure wind-tunnel model.
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Energy Budget and Sensitivity
The Massiva power system has evolved in parallel with all other systems and as such is described 
specifically for this purpose. This appendix is intended to reflect the wider issues surrounding the 
power system to clarify its operational envelope. This additional detail should assist the reader in 
appreciating how certain systems limit the power requirements and how the power system limits 
the rest of the vehicle.
Why is power needed?
All of the proposed aircraft systems are driven electrically. Each system has different 
requirements and imposes a different demand on the system. The main drivers for the power 
system are listed below:
VTOL Manoeuvre 
Forward flight 
Thermal control 
Aircraft Mass
(2.4kW discharge for short period)
(170W continuous during flight)
(5W continuous during night time)
(currently 15 kg)
For each o f the drivers listed above there are follow-on problems associated with other 
components or ideals. These are considered in the following discussion.
VTOL Manoeuvre
The VTOL manoeuvre is performed using two large rotors (1.2m diameter each) each driven by 
an electric motor and gearbox. The motors require a total o f around 2.4kW for the one minute 
operation. This places two demands on the battery; firstly it must support the high current, and 
secondly, the total energy storage must be adequate.
The C-cells selected for the battery in Massiva are o f nickel-metal hydride design. These are 
capable of supporting both the VTOL current, and the energy storage requirements. If these cells 
were replaced with the next available size down, they would still just support adequate capacity, 
but the current capability would be far from sufficient. Thus any significant saving in battery 
mass can only be achieved by reducing the VTOL power requirement.
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Increasing the size o f the rotors can reduce the VTOL power requirement; however this raises 
further problems with stowing the aircraft into the aeroshell due to the increase in size which must 
be significant (a factor o f two) to enable a realistic reduction in battery mass.
If the current is limited by the battery (e.g. if  smaller cells are used) then a much higher battery 
voltage must be adopted to ensure sufficient power is available -  this in turn means an increase in 
the number of cells and any mass saving from the smaller cells becomes negated. Furthermore, 
the motor itself can only be modified to accept a certain range o f voltage.
The current to the motor dictates the gauge and hence mass of wire used, this mass should be 
minimised, but this must be traded against its electrical resistance to avoid losses (which are 
significant at the suggested 45A). Any inefficiency will ultimately lead to a larger battery, 
although the mass o f wiring should not be underestimated.
Forwards flight
During forward flight, the power system must provide a continual feed to maintain horizontal 
flight. This power requirement is around 170W and is intended to be supplied wholly by the solar 
array since the battery should charge during this period to enable a vertical landing to be 
performed at the end o f the flight.
The battery currently has an excess o f energy storage which enables the vehicle to perform both a 
take-off and a landing with no charge period between. This is an emergency scenario and is not 
recommended due to the depth of discharge required. It does however reflect the margin to allow 
an increase in forward-flight power to almost the full value o f the array power (around 400W). If 
the flight power increases, the excess array power remaining to charge the battery is reduced. If 
the battery is to be fully charged then a longer flight duration will therefore be required. Both the 
VTOL power and conventional flight power are linked in this way.
Thermal control
Thermal control has a small power requirement for a long period. If  the heat lost becomes 
greater, then a greater energy capacity is needed to sustain the loss. This in turn requires a larger 
battery. Insulation mass and battery mass must therefore always be considered as 
interchangeable, however the battery in the current design has ample capacity and its mass is 
forced by current rather than energy requirement. For this reason it may be desirable to reduce 
the mass of insulation, however the aerogel considered for this purpose has a very low density and 
the realistic saving would be minimal.
Appendix 2.2
Appendix 2. Energy Sensitivity
The value of 5W used for the example is conservative and based on the coldest temperatures 
likely to be experienced. The energy required for thermal stability is not critical in the current 
design; however it does impose a significant requirement for energy which must be considered 
when modifying the power system.
Aircraft Mass
The mass of the vehicle has a significant impact on the power system. The VTOL power will 
increase rapidly with an increase in mass. This power requirement is the single most limiting 
factor for the power system. Reducing the mass o f the vehicle will reduce the power and energy 
requirements although this may not allow a reduction in battery mass -  there are significant 
performance gaps between COTS cell sizes and this must be considered. The vehicle must be 
matched to available components to avoid either an excess of battery, or an under-performing 
vehicle.
One Cycle Power Budget
The power available and required during one complete cycle from take-off to take-off is 
considered over a minimum exploratory phase o f two days. This is considered to be the absolute 
minimum duration to enable the collection o f surface data at one location, and since an extended 
stop will not require high-power manoeuvres it can easily be extrapolated from this scenario.
The plot shown in Figure 12-1 shows how each o f the components on the aircraft takes a 
relatively small amount of power compared to the total energy available through the solar arrays. 
The VTOL operation is the only task which exceeds the array power during daytime and is 
therefore the primary driver towards battery requirement.
The data in Figure 12-1 is quantified by the supporting information shown here in Table 12-1, this 
shows the energy situation for each operation although periods of operation are not duplicated for 
the sake of clarity. It can be seen from this table that during inactive times such as daytime 
surface sampling, that a large amount of excess energy is available. This energy cannot be stored 
however since the battery has a finite capacity (~200WHrs or 700KJ). As outlined in the main 
thesis, the battery selection is driven primarily by a requirement for current rather than capacity.
It should be noted that no inefficiencies due to solar array degradation have been included here, or 
through other anomalous situations which may occur. The energy available allows a wide margin 
for other instruments even when the current operational format is retained -  by reducing the 
duration of usage; other higher power instruments may be flown. The power shown for solar 
array is based on probable times at which the operations may each occur and is prone to change 
with strategy.
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Operational State Functions Performed Power fW Duration Energy
Take-off VTOL 
Main Engine 
Imaging Payload 
Flight Control 
OBC 
Solar Power
-2600
-170
-5
-5
-10
+350
1 Minute
-146KJ
Flight Main Engine -170 1 hour
Imaging Payload -5
Flight Control -5
OBC -10
Solar Power +350 +576KJ
Landing VTOL -2600 1 Minute
Imaging Payload -5
Flight Control -5
OBC -10
Solar Power +350 -136KJ
Daytime Sampling Contact Payload -5 2 Hours
Imaging Payload -5
OBC -10
Solar Power +300 +2MJ
Uplink Window Contact Payload -5 10 Mins
Imaging Payload -5
OBC -10
RF Comms -30
Solar Power +250 +120KJ
Daytime Sampling Contact Payload -5 2 Hours
Imaging Payload -5
OBC -10
Solar Power +200 +1.3MJ
Night time Thermal / Standby -3 14Hours -152KJ
Daytime Sampling Contact Payload -5 2 Hours
Imaging Payload -5
OBC -10
Solar Power +200 +1.3MJ
Table 12-1 Power and Energy usage during typical operational phases
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Rocket VTOL
A rocket is suggested within the propulsion section (chapter 6) as an alternative to electric motor 
driven VTOL rotors. The rocket is used to lift the aircraft slowly into the air to enable an 
electrically powered horizontal flight to begin. This is not an efficient use of rocket propulsion.
This appendix considers a different application of rockets to the VTOL problem and discusses the 
associated problems.
Getting off the ground
In the primary example in section 6.3, the rocket is used to provide 60N of thrust for one minute. 
This is comparable to the electric or internal combustion options.
In this appendix an alternative approach shall be adopted whereby it is assumed that the aircraft 
shall be lifted into the air and propelled forwards by the rocket engines in a very short time, 
avoiding the relatively long bum times considered previously.
Furthermore, the previous performance figure used (Isp=428s) was quoted from a bi-propellant 
engine requiring cryogenic storage and complex plumbing; this is considered impractical in this 
scenario and a more conservative figure (ISp=250s) will be used here based on a more realistic 
hybrid engine. The equation 6.1 is duplicated here for clarity:
F1 sp = --------------------------------------------  Equation 13-1
rhxg
ISP = Specific Impulse /s
F = Force or Thmst / N
m = Mass / kg
g = Acceleration due to gravity (9.81) / ms'2
The thmst generated is thus directly proportional to mass flow. If  it is assumed that the aircraft 
must be horizontally accelerated to operating speed (30ms'1) then regardless o f bum duration, the 
same work must be done and hence the same fuel required. This of course ignores air resistance, 
which is omitted for this exercise although it should be noted that up to a 10% overhead may be 
incurred.
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The two following equations from first principles may be used to demonstrate that 183g of rocket 
propellant is required for this manoeuvre:
F  =  mg
Equation 13-2
v — at
F -  Force / N
m = Mass / kg
g = Acceleration due to gravity (9.81)/ ms'2 
v = Velocity / m s'1
a = Acceleration / ms"2
t -  Time / s
This of course is a poor representation -  so far only the horizontal acceleration has been 
considered and with no runway available; this is impractical. An additional force is required, to 
hold the aircraft against Mars’ gravity of around 60N. If  this is done then the acceleration to 
flight speed may be in any direction with no fuel penalty.
The fuel for this vertical component is not constant since it is dependent on time, therefore to 
minimise fuel, the acceleration bum must be as short as possible. This demands a higher thmst 
which may have an impact on the aircraft structure.
For the purpose of this example, a thmst of 150N is adopted for the horizontal component. This 
equates to an acceleration of lg  (10ms'2), which should have minimal impact on structure, and a 
bum duration of around three seconds. A net thmst of 2 ION is thus required, increasing the 
required mass from 183g to 257g (183g being the asymptotic limit as thmst duration is reduced to 
zero -  see Figure 13-1 below).
The total propellant required is therefore 5.1kg for the twenty bums required by the primary 
mission (if the horizontal component is increased to 600N which is equivalent to a 4g acceleration 
of the aircraft, the total requirement would be reduced to around 4kg because the duration is 
reduced to 0.8s).
This excludes the engine itself and associated hardware. This value must now be compared with 
not only the electric propulsion system mass but also the battery mass since it is significantly 
influenced by electric propulsion. The total mass of these two systems is currently approaching 
6kg. The battery however is required by systems other than the propulsion system. It is estimated 
that a maximum of one third of its mass may be removed if  electrical VTOL is not adopted. The 
rocket option adds an estimated 6kg, but enables the removal o f an estimated 3 kg. Further 
structural components may be added and removed thus modifying this value, and should be 
considered in greater detail if  rocket pollution of the target area is considered acceptable for the 
specific mission.
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Note that the adoption o f a rocket system would considerably reduce the size of the fuselage and 
hence the aeroshell, which is currently a significantly limiting factor. The two systems are 
relatively close in terms o f performance, and modification of the prescribed mission may be 
desirable. If the number o f VTOL operations is reduced (e.g. 5 locations) then a rocket system 
becomes very much more favourable, and leads to a smaller aircraft. Increasing the number of 
locations visited has the opposite impact on rocket viability. When the rocket propellant expires, 
the mission is over (unlike the electric solution which uses a renewable source).
0.260
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100 200 300 400 500 700600
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Figure 13-1 Total Mass of Propellant reducing with increase in horizontal thrust.
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The Martian atmosphere is very different to that o f Earth. The cold, low pressure, carbon- 
dioxide-rich medium has various impacts on the use o f aircraft and these are discussed further in 
this appendix.
Reynolds Number
In 1883 Osborne Reynolds’ research documented one o f the most important relationships in fluid 
dynamics. The so-called Reynolds number is a dimensionless value which reflects adhesive 
qualities between a flow and the surface upon which it impinges. This effectively defines a point 
against which the point of transition from laminar to turbulent flow may be described.
Below sufficiently low Reynolds number conditions for the aerofoil in use, the medium will flow 
over the surface in thin layers. This is laminar flow and is beneficial since minimal energy is lost 
to the medium in use. As Reynolds number increases, the medium becomes less ‘sticky’ and each 
thin layer begins to mix with neighbouring layers, thus leading to a loss of kinetic energy.
Most Earth aircraft must fly in turbulent conditions due to their size and speed. This has the 
benefit of improving stall characteristics in comparison to the rapid stall of laminar aerofoil 
designs which occur much more readily at lower Reynolds numbers; the exact value being 
dependent on the specific aircraft design.
Reynolds number is therefore an inverse measure o f ‘stickiness’ for not only the medium, but also 
the aerofoil in use. Note that it is positively influenced by density, velocity, and aerofoil chord 
length, but negatively affected by viscosity.
Re = ----------  Equation 14-1
/A
Re = Reynolds Number
poo = Atmospheric Density (13.9 x l O'3 kgm'3)
Voo = Velocity (30ms'1)
x = Reference Dimension (e.g. Chord length)
goo = Atmospheric Viscosity (8.0 x 10'6 kgm 'V 1)
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On the surface of Mars the atmospheric density is comparable to over 35km altitude on Earth. 
The velocity for Massiva has been specified throughout as 30ms'1. The reference dimension is 
taken at the two extremes of the proposed wing format which provides a root chord o f 1.37m and 
a tip chord of 0.52m. The viscosity of the Mars atmosphere is estimated based on the value for 
pure CO2 at a temperature o f 250K and extrapolated for low pressure.
The Reynolds numbers calculated in this way can thus be found to be as follows (based on worst- 
case pressure values, so liable to an estimated 30% improvement depending on weather):
• Wing R o o t - 71 xlO3
• Wing T i p - 27 xlO3
This is incredibly low when compared to a typical Earth based aircraft such as a Boeing 747 at 
cruise with a typical figure o f Re=160xl06, but this is a much smaller aircraft flying in very 
special conditions. To find a more realistic comparison, Massiva must be placed beside a small 
bird, model aircraft, or HALE aircraft.
Massiva is flying in a laminar regime due to the low Reynolds number. This is beneficial during 
nominal conditions due to low drag as discussed above. If  the Reynolds number should fall too 
low however, then a laminar separation bubble will grow above the wing due to shear stresses and 
cause a sudden loss of lift and an increase in drag. This may happen if  the aircraft slows due to a 
gust of wind, a poorly coordinated manoeuvre, or a tight yawing turn where one wing will slow.
It is thus critical that the aircraft design and flight plan are suitable to avoid flow separation 
during flight as this could terminate the mission. The Reynolds numbers outlined above for 
Massiva are rather low and a higher Reynolds number would improve the margin for error 
(although the aerofoil is capable of flight at these numbers, it is close to its limit and a change in 
temperature may mean the difference between success or otherwise). This can only be achieved 
by increasing velocity or chord length since the other parameters cannot be controlled. This is the 
reason for suggesting a modification to provide a longer chord and shorter wingspan, despite this 
new format reducing the lift-to-drag ratio.
Speed of Sound
The speed of sound in the Mars atmosphere is important to the design of Massiva because it 
reflects an important limit regarding flow over any part o f the aircraft. As the flow approaches 
the speed of sound for the given medium, drag on an aerodynamic surface increases to a peak 
value much larger than the increase due to velocity.
Fortunately Massiva is a low speed aircraft and will not be concerned with transitional effects on 
its main aerodynamic surfaces. This is not the case however for its main lift rotors.
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For maximum efficiency the rotors are intended to operate at 0.9 Mach (90% of the speed of 
sound). This is calculated at 75% of the length of the rotor and as such the tip itself will become 
supersonic -  this is a normal operating point for a conventional high-performance rotor.
To ascertain the angular velocity at which the rotor must be rotated at to achieve this tip velocity; 
the speed of sound must first be calculated, this is shown below in Equation 14-2:
\^Tka =  J   Equation 14-2
V M
a = Speed of Sound (248ms'1)
y = Adiabatic constant for CO2 (1.3)
R = Universal gas constant (8.314 J/mol K)
Tk = Temperature (25 OK)
M = Molecular mass (0.044kg/mol)
The speed of sound is thus found to be around 250ms'1, and the rotor speed can now be found 
using basic geometry which produces an angular velocity of 79.5s'1, or 4770 rpm. This is the 
peak operating speed and sufficient additional speed must be allowed for control around this value 
to moderate roll and lift rates.
With the rotor tip-speed reduced by the necessity to keep it below the speed of sound on Mars, the 
induced velocity must be considered. The size of rotors suggested previously require a down- 
wash of around 30ms’1 to provide sufficient lift and control; this is around 0.12 Mach and as such 
is approaching the limits of reasonable operation. Any significant change in the design must 
consider whether any increase in this value and the increase in power required to achieve it are 
practical within the limitations o f the project.
The induced velocity is relatively high due to the compact nature of the vehicle when compared to 
conventional VTOL aircraft (helicopters) which can use large rotors, and it is more comparable to 
the early developments of dual flight mode vehicles such as the Bell X-22 which shared both the 
high induced velocity (Mach 0.13) and the ducted rotor design with Massiva.
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Throughout the thesis, the Project Brief has been referred to regularly to justify conclusions that 
have emerged from system comparisons and concept evaluations. This appendix now considers 
how the vehicle concept may change when the brief holds slightly different requirements.
A Brief overview
The Brief consists of two groups of requirements; physical constraints, and functional constraints. 
The only quantified physical requirement is mass, which is limited to ‘10kg to 20kg’. Two 
functionality requirements are quantified; to achieve ‘ten surface contact sessions’, and to cover 
‘at least one thousand kilometres’.
Other unquantified requirements include flight in a controlled manner, capability to capture high- 
resolution imagery, capacity to be launched by a conventional launch vehicle, and the ability to 
enable valuable science to be performed.
A Change in Mass
The prescribed mass provides for a 10% mass overhead on a mini-satellite inter-planetary transfer 
vehicle such as may be reasonably deployed by the Surrey Space Centre / SSTL. This allows 10- 
20kg for the vehicle excluding entry vehicle.
Increasing the mass of the aircraft beyond this limit requires that it must generate more lift. This 
can be done by either flying faster (more power) or having a larger wing area (more mass).
The latter has the effect that it will very quickly become too large for any practical aeroshell 
unless an additional fold in the wings is adopted (again leading to increased mass). The current 
design may be increased in scale by around 10-20% before becoming impractically large to 
launch in a conventional rocket fairing without an additional folding mechanism. An increase in 
the aircraft dimensions may also have the benefit of increasing rotor area and hence reducing the 
VTOL power requirement by some fraction.
Increasing the design airspeed not only requires more power during flight but also more energy 
since the transition period will be longer, requiring greater use of the lift engines (which will also
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require more power). This in turn requires a larger battery and a larger solar array. An increase in 
airspeed has the benefit o f a higher Reynolds number and thus a more stable platform, but high 
spatial resolution imagery may suffer as a result of increased blur.
As the mass o f the vehicle increases there also becomes a point at which a lighter-than-air vehicle 
becomes a favourable solution. This type of vehicle is estimated to be best suited to a mission of 
around 40kg or greater. The blimp type solution has various benefits including stowage ability 
into the aeroshell and increasing the mass to this level should be seriously considered as an 
option. Other benefits include stability of the platform, static nature of the lift, and potentially 
simple control algorithms.
Reducing the mass requirement for Massiva will ultimately result in a reduced payload. The most 
significant component in terms of mass on Massiva is the structure, and a reduction in this can 
only be achieved through scaling or partial scaling. If the lift rotor area is reduced at a greater rate 
than mass then more power will be required to lift the aircraft.
If the aircraft is truly scaled, then mass will drop with a cubic function in relation to the squared 
function reduction in rotor area. Unfortunately many of the composite sections suggested are 
already approaching their limits in thickness, thus as the aircraft is scaled, mass can only 
realistically fall as a function of the square of the reference dimension.
For example, if  the aircraft were truly scaled down to 80% of its original size, wing area would 
drop to 64% of the original value, and likewise with rotor area. Ideally the aircraft would now 
have a mass of only half of the original, requiring a comparatively small VTOL power o f only 
760W. As with all very small aircraft, this becomes unrealistic when the materials are considered.
If it is now assumed that the mass is also scaled by the square function rather than the cube to 
compensate for constant material thickness, then a figure of around 10kg is found, which leads to 
a power requirement o f around 1100W (since the power also falls by the square).
Assuming that the 10kg aircraft were made, it is clear that the payload would be significantly 
smaller than the 15kg version. The battery must be reduced also, but must still produce the 
significant current required for VTOL. Since one aim of the project was to adopt COTS 
technology where possible, fabrication o f a bespoke battery was not considered a feasible option. 
Since cells change significantly in performance between the sizes available, it is impossible to 
simply scale the battery by mass and assume its capacity is adequate. One reason for selecting a 
15kg vehicle from the range of mass was to enable sufficient cells to power the vehicle. Any 
downsizing of the craft will demand less cells and therefore less power and less capacity, this 
must be considered carefully against all battery options.
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A change in Mission
The mission is intended to sample a significant range of surface features along a 1000km flight 
path. The design impact on changing the length of this route or the number o f stops is now 
considered.
The length of route proposed has demanded that a reusable energy source is used. If the route was 
reduced sufficiently then a chemical solution may become feasible. This will ultimately limit the 
mission by fuel quantity, while the solar mission may be extended if  the vehicle continues to 
perform well. An electrical system is also much simpler due to the small number of components 
and moving parts when compared to a hydrazine engine requiring reciprocating parts, extreme 
temperatures and chemical storage.
For a particularly short mission, a ground based vehicle may be considered more suitable such as 
a hovercraft solution which may share many engineering parallels to Massiva. Where sample 
locations are relatively close together a helicopter is a more viable solution; a single phase flight 
can be adopted which although requiring potentially more power, can be significantly simpler in 
concept and also lower in mass. The increased power requirement o f the helicopter during flight 
makes it impractical for the long range mission originally proposed.
If a greater distance between samples is required, a suitable flight plan must be developed. This 
may include an increase in airspeed to enable adequate distance to be covered during a suitable 
flying period (early afternoon while winds are calm for example). This would require an increase 
in power/energy which must then come from either the solar array or the battery. This may have 
an impact on viability o f the rocket VTOL option to enable battery charge integrity throughout 
this phase.
If the mission is to be extended then consideration must be paid to extreme weather during stormy 
periods. The current mission has ten sample locations; each could take up to a week to analyse. If 
this was to be doubled to twenty weeks then location and timing become serious issues as the 
relatively calm window of opportunity on Mars is restricted to only one season.
To extend the mission away from the equator will require a change in flight strategy, including 
longer charging periods before flight and possibly shorter flights. The landing gear may also be 
modified such that the solar array pitches southwards whilst on the ground, although this may 
have little effect depending on dust loading of the atmosphere.
If the element of control may be removed from the mission, then a balloon may be adopted; this 
may be beneficial for either a tethered aerial platform or a free-flying vehicle where perhaps only 
one other random ground sample is required. The balloon is very simple in operation requiring a 
minimal entry vehicle and relatively little development.
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